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The prediction of wing pressure distributions on 3-dimensional

aircraft configurations is a problem of great interest and importance

in the development of new aircraft designs. Many techniques have been
developed utilizing high speed digital computers to address this problem.
These techniques differ greatly in their degree of sophistication,
computer resources required, inputs and quality of results. This study
examines three computer codes for predicting pressure distributions and
evaluates their performance on a generalized 3-dimensional aircraft
configuration relative to pressure distributions measured in a wind
tunnel. In addition, the three computer codes are compared to one
another in terms of computer resources required. Of the three computer
codes utilized, two are considered "“off the shelf! programs representing
the state of the art in numerical fluid mechanics. The third program
was written for this study and is more typical of some of the more
specialized techniquese.

An examination of the data generated using these programs
indicates that all give good results at low Mach numbers, but that the
performance of each is impaired to varying degrees by increasing Mach
number. It is also observed that dramatic savings in computer resources
result through the use of a more specialized program. It is therefore
held that by carefully evaluating the needs of a particular problem

and selecting a computer program to match these needs, a significant
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saving in time and computer resources can be obtained while

maintaining the quality of the results.
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INTHRODUCTION

1.1 Statement of the Problem

In recent years the development of new aircraft configurations
has become increasingly dependent on the ability to predict the air
pressure distributions on the aircraft at various flight conditions.
At the same time, the rapid advances in high speed digital computer
technology has given the aircraft designer precisely the tools needed
to address this problem. As a result, many techniques have been
developed using the computer to predict the pressure distribution on
3-dimensional isolated wings and wing-body combinations. These tech-
niques vary greatly in terms of the type of aircraft geometries they
may evaluate, the flight conditions they can accept, the input
information necessary to approach a specific problem, the computer
resources required to reach a solution, and ultimately in the quality
of the results obtained. This study examines three computer prediction
techniques and compares their results for a specific problem with
results obtained experimentally by measuring pressure distributions
in a wind tunnel. Also examined are the resources required to reach

these results.



I.2 Selection of Computer Codes

Three computer codes are selected for use in this study, having
a variety of features and techniques. The first of these is a program
written for this study based on a technique detailed by A. Jagadesh
Prasad (1) of the India Institute of Science. This program is typical
of the more specialized codes, dealing best with a specific class of
problems. This program is called the "Subsonic Wing Pressure Prediction
Code'" and is referred to as SWPP or SWPP-Code throughout this study.
The second program selected is called the BOPPE-Code developed by
Charles W. Boppe (2) of Grumman Aerospace Corporation. This program
is very general in the type of geometries and flight conditions it can
evaluate and solves a set of simplified flow equations using an
iterative numerical approache. The final program selected is FLOW-27
developed by Antony Jameson of Courant Institute of Mathematical
Science and D. A. Caughey of Cornell University (3,4). This program
is also very general in the type of geometries and flight conditions it
can evaluate, and solves the full transonic potential flow equations
using an iterative numerical approach. Both the BOPPE-Code and FLOW-
27 are considered "off the shelf" programs and are selected in part
due to their availability to the author. A more detailed description

of each of these programs is presented in Chapter III.



I.3 Aircraft Geometry Selection

The selection of an aircraft configuration for evaluation in
this study was based on the requirement that the configuration had to
meet two conditions. First, the configuration had to be such that
each of the three computer codes used could accurately represent the
geometry. Secondly, existing wind tunnel data had to be available
for the configuration. Although none of the candidate configurations
met both of these requirements in every detail, the selected
configuration was considered more than adequate for the problem at
hand. The configuration chosen was a generalized transonic aircraft,
and a detailed description of the wind tunnel model is presented in

Chapter II.




CHAPTER II

EXPERIMENTAL APPARATUS AND PROCEDURES

IT.1 Wind Tumnel

The experimental data used in this study was collected in the
Aerodynamic Wind Tunnel (4T) of the Arnold Engineering Development
Center (AEDC) by R. A. Paulk and J. F. Herman (5). This tunnel is a
closed-loop, continuous flow, variable density tunnel, in which the
Mach number can be varied from O.1 to 1.3 and can be set at 1.6 and 2.0
by placing nozzle inserts over the permanent sonic nozzle. The
stagnation pressure can be varied from 300 to 3700 psfa at all Mach

numbers. The test section is 4 foot square and 12.5 feet long with

perforated variable porosity (0.5 to 10% open) walls. It is completely

enclosed in a plenum chamber from which the air can be evacuated
allowing part of the tunnel airflow to be removed through the
perforated walls of the test section.

The model support system consists of a pitch sector and sting
attachment capable of positioning the model at angles of attack from
-7 to 28 degrees. A roll mechanism in the pitch sector permits the
model to be rolled from -180 to 180 degrees about the sting center-
line. Aircraft pitch and yaw attitudes are then obtained through a

combination of pitch and roll attitudes. The tunnel test section and

model support system are shown schematically in Figure 1.
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II.2 Test Article and Model Instrumentation

The wind tunnel model used to obtain the experimental data in
this study was the AEDC transonic wall interference model, a general-
ized transonic aircraft consisting of a wing, body and horizontal
tail. The fuselage was of circular cross section with a L4.65 caliber
tangent ogive nose and a 9.38 caliber cylindrical afterbody. The wing
and horizontal tail were mounted to the fuselage along the fuselage
centerline and were swept back 30 degrees. All 1lifting surfaces were
NACA-0012 airfoil sections, with no taper, twist or camber and having
no dihedral angle or incidence angle relative to the fuselage. Details
of the model are shown in Figure 2.

The model was sting mounted in the tunnel, and instrumented
with a six-component main balance and 92 surface pressure orifices.

Of these pressures, 41 were located on the fuselage of horizontal tail
and are not used in this study. The remaining 51 pressures were
distributed streamwise along the wing as shown in Figure 2 at span
stations of 40, 65 and 90%. At each span‘station 17 pressures were
distributed with 13 on the wing upper surface and 4 on the wing lower
surface. A typical airfoil section is shown in Figure 3, along with
the location of the pressure orifices along the wing chord.

The data used for this study was collected at Mach numbers of
0.5, 0.7 and 0.9 at a constant total pressure of 1000 psfa,
corresponding to unit Reynolds numbers of from l.4 to 2.0 million

per foot. The model angle of attack was varied from -6 to 12 degrees
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in 2 degree increments using a pitch-pause method to allow the pressures
to reach a steady-state value before recording the data. These data
were collected in support of the AEDC Transonic Adaptive Wall Study in
which the wind tunnel wall porosities were varied in an effort to
minimize the wall interference on the model. Although no wall inter-
ference corrections were made to this data, it was shown by R. L.

Parker and W. L. Sickles (8) that the wall interference had been
minimized through the use of these adaptive wall techniques and that

the data could be considered interference free.




CHAPTER III
COMPUTATIONAL TECHNIQUES
III.1 Description of FLOW-27

The program FLOW-27 developed by Jameson and Caughey (3,4) is
typical of the sophisticated numerical techniques being developed and
used to evaluate aircraft pressure distributions, and is considered to
represent the '"state of the art". For a given aircraft geometry, this
code numerically solves the full transonic potential flow equations
about the aircraft.

As presented by Jameson and Caughey (3), using a cartesian
coordinate system where u, v and w are the velocity components in the
X, ¥ and z directions, the transonic potential equation is equivalent

to the continuity equation
s2(f0)+ 55 (PV)+ G (Pw) = 0 (1)

with the derivitive of the density £ related to the speed of sound and
the magnitude of the velocity by the energy equation for a calorically

perfect gas

> _ _ P
Yl (2)

and the requirement that the velocity vector be the gradient of some

scalar function @. By introducing the quantity Q=% ;2 » equation 1
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can be written as
(o ig i) (Ui *U35)=0 (3)

Applying an arbitrary ( non-singular ) coordinate transformation to

the coordinate system I, J, K, equation 3 becomes
aU
2/ oY IR -
T d)- (v sTVIErWiE)=0 (4)

where U, V, and W are the contravarient components of the velocity
vector in the new coordinate system, multiplied by the determinate
of the Jacobian of this transformation.

The numerical solution of equation 4 is based on its equiva-
lence to the usual quasilinear form of the potential equation, for
which reliable numerical schemes have been developed. A finite
difference approximation to equation 4 is constructed using central
differences everywhere. Using a central differences scheme, the
equation becomes unstable in locally supersonic regions. To stabilize
the equation in these regions, an artificial viscosity is then added
in conservative form, effectively giving an upwind bias. The differ-
ence equaticns developed in this manner are then solved using an
iterative line relaxation technique.

The use of this technique requires only a local description
of the mapping function. As a result the solution process is
essentially decoupled from the generation of the grid network. Thus
the finite difference grid can be constructed in any convenient

manner, and all that is subsequently needed are the coordinates of the

11




mesh points. As such, the grid network is generated by mapping the
physical space into a rectangular prism in which the wing lies on

one surface of the prism, the fuselage on another surface, the
vertical plane of symmetry on another as shown in Figure 4. A uniform
rectangular mesh in this domain is then mapped back into the physical
domain to give the cartesian coordinates of the grid points.

This program is designed to be used on isolated wings and
wing~body combinations of quite general geometries and at a wide
range of flight conditions. However, for this study the aircraft
geometry as evaluated by FLOW-27 is not identical to the aircraft
geometry as tested in the wind tunnel. Although the differences are
not thought to affect the results, it is important that these
differences be clearly identified. First and foremost, the wind
tunnel model has a horizontal tail which is not included in the
computer analysis. Also, the wing tips of the model are slightly
faired while the wing tips in the computer analysis are squared off.
Two additional variations are that for the computer program the model
is free flying ( not supported by a sting ), and no wind tunnel walls
are modeled in the far flowfield. A comparison of the wind tunnel
geometry and that used in this program is shown in Figure 5. Aside
from these differences, the model geometry is accurately represented,
and it is felt that the differences mentioned should not greatly
affect the wing pressure distributions between 40 and 90% sp#n.

The program inputs required for a solution are the aircraft

geometry and flight conditions as well as certain program control

12
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variables. The geometry of the fuselage is given by fuselage cross-
sections at various positions along the body. The wing geometry is
given in terms of its location on the fuselage, airfoil coordenates
at various spanwise locations, wing sweep, twist, taper, camber,
dihedral and incidence angle relative to the fuselage. The flight
conditions are given in terms of Mach number, angle of attack and
angle of sideslip. The control variables are parameters such as the
convergence criterion, maximum number of iterations per step and

output control parameters.
IITI.2 Description of BOPPE-Code

The BOPPE-Code developed by Boppe (2) is similar in nature to
FLOW-27 in that toth are sophisticated numerical solutions which solve
their respective equations on a grid network using an iterative
technique. For a particular problem the BOPPE-Code numerically solves
the transonic small disturbance flow equation, modified to include
three additional terms from the full potential flow equation. This

equation is written as

. . 28\ IPYYERL.
[i-p-(riywe 3 - - w2 (32) T ()-2m 5 55(2)

-0 5352 t5(3)= 0 (5)

The terms JMZ%;’;%(%%)) and (3")"4132}% 5”;(9%?2) are known as the cross-

flow terms and are included to permit shock waves which are highly
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swept to be treated more accurately. A third term included from the
full potential equation is %’le(‘;-g )2537( %‘%) « This term is a
second order term in the streamwise direction which results in a more
accurate determination of the local velocity. This local velocity is
critical in transonic solutions because the type of the potential
equation changes from elliptical to hyperbolic in locally supersonic
rezgions. A grid network is established about the aircraft using a
fine grid spacing near the aircraft where large gradients occur, and

a coarse grid spacing throughout the remaining flowfield. The coarse
grid consists of 51, 26 and 31 grid lines in the x, y and z directions
respectively as shown in Figure 6. For the coarse grid the coordinates
have been stretched such that the whole physical space is covered to
account for the far field effects, while requiring that approximately
half of the grid lines fall on the aircraft. The fine grid is made

up of a fuselage grid of 70, 20 and 39 grid lines in the x, y and 2z
directions which enclose the fuselage, and a grid of 100 by 34 grid
lines in the x and z directions at each y location at which a coarse
grid line intersects the wing, Figures 7 and 8. On this grid network
a finite difference approximation to the modified equation is
constructed in non-conservative form. The use of non-conservative
differences rather than conservative differences works to good
advantage in that non-conservative differences introduce more
artificial viscosity into the flow and result in better agreement with
observed phenomenon. Central differences are used in subsonic regions,

while upwind differences are used in supersonic regions to stabilize

16



Fig. 6 BOPPE-Code Coarse Grid

Fig. 7 BOPPE-Code Fuselage Fine Grid

Fig. 8 BOPPE-Code Wing Fine Grid
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the solution. These difference equations are then solved using a

line relaxation technique which is iterated to reach a solution. The
coarse grid covering the flowfield is solved first, and used as a
starting point for the fine grid solution.

The BOPPE-Code, as with FLOW-27, is designed for use on
isolated wings and wing-body combinations. Here again there are
certain differences between the aircraft geometry as represented to
the program and the configuration tested in the wind tunnel. The most
significant difference is the absence of the horizontal tail in the
computer description of the geometry. The wing tip geometry as
represented to the program was squared off parallel to the free
stream direction, while the model incorporated small tip fairings,
and the tangent ogive nose of the model has a hemispherical tip, while
the nose as represented to the program extends the ogive nose to a
sﬁarp point. In addition to these variations in the aircraft geometry,
the mouel support system and wind tunnel walls are not included in the
flowfield. These differences are shown in Figure 9. Aside from these
geometry differences, the wind tunnel model is accurately represented
to the program.

The program inputs required are the aircraft geometry, flight
conditions and program control variables. The geometry is given in
terms of fuselaze cross-sections along the body, wing planform given
as wing leading and trailing edge locations at various spanwise
stations, wing location on the fuselage, and airfoil coordinates and

wing twist angle at various spanwise locations. The flight conditions

18
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required are the lach number, Reynolds number and angle of attack. It
should be noted that the Reynolds number is used to compute a boundary
layer displacement thickness which is used to modify the aircraft
ceometry before processing. The control variables include the
reference center for integrated forces and moments, number of itera-
tions to be made on the coarse grid, and the convergence criterion,

as well as output control variables.

III.3 Description of the Subsonic Wing Pressure Prediction Code

( S14PP-Code )

The Si/PP-Code is based on a technique detailed by A. Jagadesh
Prasad (1), and represents the more specialized programs dealing with
a particular class of problem. As reported by Prasad, this technique
is intended to compute pressure distributions on 3-dimensional swept
and tapered isolated wings of symmetrical airfoil sections at angle of
attack in incomprescible flow. This technique is modified for this
study to include a circular fuselage of infinite length with the wing
mounted along its centerline.

This technique makes use of the concept that for portions of
the wing sufficiently far from the wing root or tip, a 2—diﬁensiona1
solution is valide In regions near the root or tip, the same
2-dimensional solution is used with modifications to reflect the
3-dimensional nature of the flow in these areas.

Given the symmetrical airfoil coordinates, leading edge radius,

20



trailing edge half-angle, thickness ratio, wing planform, body radius
and geometric angle of attack, this program will compute the pressure
coefficients along the wing chord based on the wing span location and
an estimated section 1lift coefficient at that span location. A detailed
list of the program inputs is presented in the Appendix along with a
listing of the computer program. The equations used are in closed
form requiring no iteration to reach a solution. These equations and
their development as presented in Reference 1, with the modifications
necessary to include the cylindrical fuselage follow.
An expression for the airfoil coordinates Z as a function
of X/€ is defined such that
Zc = f(xe) = E,(X/c)'/’+ F e+ R(xeS +F3(X/cf +Fy (X/C)y (6)
where Kb, F , Fa, f; and Fy are constants determined directly from the
input data based on the following five conditions.
i Refec= Fo’/""- .
ii. At the X/£ corresponding to maximun airfoil thickness
Z/Cc=051¢,
iii. At X/€ =l.0 | 2 /¢ must equal the trailing edge ordinate.
ive At the X/€ corresponding to maximun airfoil thickness the

slope of the airfoil surface must equal zero.

j(lx/c) I(X/c)] =0 at X/C giving maximum Z./c.

Ve At X/€zL0 the slope of the airfoil surface must be
equal to ~tan (e)‘where © is the trailing edge half
angle. J(—f—/;; [F()= ~Zn@) at x/c=l0,



Having determined the values F — E, , the airfoil coordin-
ates at any position along the chord are found from equation 6. This
approximate airfoil shape is then improved by using an interpolation

scheme such that

N
2o = e fler)r 2 [ 4 (] @05~ K(00)5)] -

where H is the number of interpolation stations, input to the program
(X/C)J' are interpolation stations along the chord selected
from the input data by the program.

(Z/C)J are airfoil coordinates from the input data corresponding

to the (X&) values.
/J(X/C') are interpolation weighting factors determined from

the X/ location and the interpolation stations (X/4)y as follows.

(- %) [ -6/0) { 77 [ (X/CJ‘K ]‘-IH ve -(X/c)]}
(x/ C)J' [(V )y - (x/‘).. { Tr [ ( X/C)J- -(x/ C)]}j [ )(/c)J ( X/C)]§ (8a)
for X/c £(x/c),.

(1-x2) xve - (x/a),,,,] { TT [x/c ~(xe) ] § TT X/c (xsc) :}}

L= J¢l
[ - (x/c),] [(x/c)J (x/c)] { fT ey, - (x/c) fz( T (X/c), (X/C)])Z

for X/& > (XCc)y, .

;0=

YALZ

(8b)

where (X/0),, is the X/c¢ corresponding to maximum airfoil thickness and
TT indicates the product of terms. Equation 7 is used to obtain the

airfoil coordinates at any position along the chord throughout the

program.




Next the wing area and aspect ratio are computed directly from
the input planform information. At this point it is necessary to
determine the effective angle of attack at each spanwise station at
which pressure coefficients are to be computed. Kuchemann (6) derived
the following relation for the effective incidence at any spanwise

station of a finite swept isolated wing.

Ke=C -‘L"‘l—;y— Wm(wi‘ﬂ/ﬂ - %Vm,)}

L 4rmce e (9)
where C; is the estimated section 1ift coefficient.
ey
4: {/ Q, m%,g ) 50-15
(10)
1+A(Y) 2 Ce /77
2 2 cov P a2s5Ci+2 0 )
) S i
(1~ \(y) 2 e /) (12)
A= 140 +133y - (0a6+ 73 )" (13)

Y 1is the distance to the root or tip measured in terms of the
local chord.

2,= 2 W(1+ 08 (10 coe dy,) ()

¢% is the sweep angle in radians of the 50% chord line.

This effective angle of attack e does not account for the
presence of a fuselage. This is therefore modified by defining a new
effective angle’of attack e .

Xe = Xe + ANpg, (15)
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where AXgse is the increment in angle of attack due to the fuselage.
To evaluate this increment A™Xgyg , a circular cylinder of infinite

length inclined at a gecmetric angle of attack is examined in

Figure 10.

Fig. 10 Infinite Cylinder at Angle of Attack
The free stream velocity V, is resolved into its components
normal to and tangent to the fuselage centerline, as shown in Figure

11, such that the normal and tangential velocity components become

V= Vo i Xy (16)
Vp = Vo e Xy a7
Y Y
e
A

Fig. 11 Free Stream Velocity Components Relative to
the Cylinder Axis
The velocity component along the cylinder axis, Vp , will be
unaffected by the cylinder, but the component normal to the cylinder
axis, v; s will be influenced by the cylinder, and can be evaluated as
a cylinder in cross flow. From Li and Lam (7) it can be shown that at
any point gh s ,) in the flowfield about a cylinder in cross flow the

velocity in the ;} direction is



R:c;oy 4 - 21 E

VC= Vm +#a+2a yz+3a

(18)

as shown in Figure 12.

Vc Vc,=V +Raooy5?’ ﬂl}
Y T o g

Fige 12 Velocity Distribution about a Cylinder in Cross Flow
In the case of a wing mounted along the centerline of the

fuselage at 2=¢0 , the cross flow velocity at the wing plane becomes

Vo= Vo ( I+ ’;i”r) (19)

where sy and éﬁ are in any consistent set of units. Using this

induced cross flow velocity V, and the existing velocity component
along the body Vp , a new angle of attack <*1is computed due to the

fuselage.

"= hacgn (%)= A@Z;ﬂ{ i R""/’a)} (20)

= Aaozjngﬁn oty (/+ R""’)} (21)

' The increment in angle of attack at any spanwise station due

to the fuselage is then the difference between ¢, and 6<x. Therefore

Vg
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»
AXpyse = X — Xy (22)

AXpyss = Aacken izn Xy [/ * R;:::’)f - Xy (23)

and the total effective angle of attack Xa = Xeg+AXpyse  becomes

CLam WAl

. Raooy
cxé:=:;;;:;;;g5}-7ﬂnéar[WW7’GH?ﬂ”eg+ﬁhd£ﬂﬁcﬂiﬁ(ﬁjgf—)f"Cf; -

At this point expressions for the airfoil shape, wing area and
aspect ratio, and the effective angle of attack at each span station
of interest have been computed. Based on this the pressure coefficients
are computed along the wing surface at the span stations of interest.
Four equations for the pressure coefficients have been developed, with
each applying to a particular region of the wing. These four regions
are:

1l. the portion of the wing more than one local chord length
from the wing center or tip, and not at the leading edge.

2. the portion of the wing less than one local chord length
from the wing center or tip, and not at the leading edge.

3. the portion of the wing more than one local chord length
from the wing center or tip, and at the leading edge.

L+ the portion of the wing less than one local chord length
from the wing center or tip, and at the leading edge.

These four regions are shown schematically in Figure 13.
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Fige 13 Four Wing Regions used by SWPP-Code to Determine
Which Equation to use to Compute Cp

For any point on the wing the equation used to compute the
pressure coefficient is determined by what region the point is in.

The equation used in region 1 is developed for a two dimensional

airfoil at an angle of attack cQ; » in a free stream velocity V, as

L,

shown in Figure 14.

e

<

Fige 14 Airfoil at an Effective Angle of Attack to the Flow
The velocity Vo is resolved into its components parallel to

and normal to the wing chord line such that

V, 4in Xe (25)

Vz

]

Vi
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These two flow components are then examined separately to develop a
distribution of singularities which exactly cancels the stream
component normal to the airfoil surface ( no flow across a solid
boundary ).

For the flow parallel to the wing chord, at any point along
the surface of the airfoil the velocity Vx is resolved into its

components normal to and tangent to the surface as in Figure 15.

G A —— =

Fige 15 Components of the Chordwise Velocity Relative to
the Airfoil Surface
These components are:
V=V, 4in€ (27)
Vr= V, coe E (28)
where £ is the angle between the wing chord line and a line tangent
to the surface at the point of interest. The sine and cosine of £

can be expressed in terms of the airfoil geometry as

/
CoRE = FG——————
/|+ 5_5_): (29)
ainf = LELLX

]{+ (;}%’)" (30)

such that }, and y, become
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These velocity components are then used to develop the

singularity distribution needed for the sclution. To do this consider
the complex variable { .

A= X+ %4 (33)
The i—pla.ne is transformed confermally into the 4’ * X*i- Z’ L
plane, where the portion of the A -plane outside the contour Z=# x )
is transformed into the portion of the { *-pla.ne outside a slit along
the )(*a.xis. The determination of the singularity distribution in the
l-pla.ne which produces a velocity distribution canceling the normal
velocity Vi at the airfoil surface is equivalent to determining the
singularity distribution in the { tpla.ne which cancels the normal
component V: at the slit. This requires a source distribution at the

»*
slit of strength i()‘*)= -2Vy . This produces a tangential velocity of

g(x7) s
Awl'z EF[X“-X*' OZX (3LI-)

t
Using the mapping ratio Jh’ﬂ/{ » the corresponding tangential velocity

at the surface of the airfoil in the { ~plane becomes

XXV/X*) AZ Yx’

Vi / :
)= 7
Oy f T Ax* 4 5K) (5
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and the total velocity at the surface becomes V(X,E)‘-‘ M’_ + AVT .

v(xz)—————-—[’ ) ) dZ L +{] (36)

JI+(2F |70 ) oLX ax X" (x-X)

To find V( X,Z) exactly one needs the relation between X and X*. By
requiring [(x-X" ) (x"-x" ‘)] / (XX ’? =/,0 , an approximate

expression for V()(,Z) can be obtained which is correct to the first

order of T/¢ . This expression for V(X,Z) then becomes

V(X.2)= /_CX—)—[ S,(x)] (37

o l:@. X
S:(X} =9 J LXT (X~X7) (38)

where

Next consider the airfoil exposed to a flow velocity normal

to the chord as showm in Figure 16.

Fig. 16 Airfoil in Flow Normal to the Chord Line

For a flat plate, the velocity at the plate is given by

VX,0= Ve fi=x_ (39)
X
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such that the velocity normal to the plate is zero and the tangential
velocity is of opposite sign on the top and bottom of the plate. This
can be represented by a distribution of vortices along the plate such
that the strength ¥(X) is equal to the jump in tangential velocity
across the plate.

¥ = 2 Ve J5X (£0)

For the airfoil, the vortex distribution may be taken as

= Ve X+ Ay )

where AKJKX) is due to the airfoil thickness. Keeping only the terms
up to the first power of Z and satisfying the Kutta-Joukowski condition

at the trailing edge, it can be shown that ASJCK) can be written as

’ ’
- 2Ve itk f[ilg,_ 2 Z(x°) ]JX :
AX(X) 7z' X J JX I= (/-2xl)z (X'X ) (Lp2)
With this result, ¥(X) becomes

Yix) = 2Vz/’lf_Z [/ + 5, (X)] (43)

where

S 0 *ﬁﬁ a2z ]_éﬁ'_.
A I C LR TO N (¢ ) (44)

This distribution of singularities is along the chord line, and the
total velocity on the chord line is V(X, 0)= iil" X(X) « Hence the
velocity on the airfoil surface in the uniform flow Vg normal to its

chord line is

+ Vs =
V(%2)= —/7»«(2{;31 } Ixx [“ 53(X)] (45)
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Combining this equation with the equation developed for chordwise flow,

equation 37, gives the total velocity due to the flow at angle of

attack c(é .

_ Y , =
V(X'Z)'//T({&))’* 2@« oce[h S.(X)]i Ain Ko 71[1 53(x)]§ (46)

where

500= 52 W)

V(X2) _ Coee [1+ SOM] & ainote )L;i( [l+5,(x)]

Vo 7 [+(52(x))2

and the plus and minus signs are used for the upper and lower surfaces

(48)

respectively. Using Bernoulli's equation for incompressible flow

P-F 2
Co= = = —._V_ L9
Therefore

Seoe o [1+S00] £ aimoct JEX [ 145,00

C:_
P , |+ [SQ(X>]2

(50)

These results apply to an unswept airfoil, and for a swept wing this

equation becomes

(51)

Cp= |- Col'oxe 4in* £ - ;Coﬂo(é[ccvﬁ+5(x)]_*4‘-,,(e/_— [/+ S5) )Z
300]
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where ﬁ5 is the local wing sweep angle. At the leading edge of the

wing, region 3, this equation can be written as

Cr= |- Cod'oc din™f - 4,6"0(6, Ll 500 e o] (52)

RL!
2C

coef
Equations 51 and 52 apply to points on the wing away from the

wing center or tip, where the influence of the center and tip are
small. Next consider the wing center line. As shown by Kuchemann (6)

the wing can be replaced by a series of kinked source lines as in

Figure 17,

Fime 17 Kinked Vortex Line Distribution at Wing Center Section

The velocity component Yy at the chord line is given by

M8 = 500 et - Gio) SO0coe (53)
where
i I+ in
G@@)= 7(/»;( _::ﬁ) (54)

With the spanwise component of velocity being zero due to symmetry,

the velocity distribution on the surface becomes
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Vixz) 1+ Coef S) - G(#) Sa(X) coe £

(55)
v J1+[s.0]

and

f1ecod S - GF)Sa(cee ﬂfl (56)

s b I+ %60]

Equation 56 is modified to improve its performance near the leading

edge such that

Co= |- 71+ e S()- G(P) S;(X)W¢/‘—'Tm§
EREACA

(57)

Next consider the velocity component normal to the chord, Vo o
The vortex distribution to obtain a constant \,= A Aéﬂ‘Xé normal to
the chord is

n(#)
'"X> (58)

W)= 2 wne Cou (X

where
mig)==~(1- 22 (59)

Accounting for wing thickness

Y= 2 i oz cou B (SE) (14 5,00) (60)
Thus the pressure distribution due to both chordwise and normal flow
becomes

cre %[ 1440 #5,(X) - G(f) cou & S: (0 TTA GO /-
g tainets coe (F5)" V14 5,00) 52 (61)
Co= |- v [50]
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Equation 61 can be improved near the leading edge by replacing the

_/Tx M%rq—s—z—(x—)]—; by (:%)M% /+[ S‘(X)Jag"l(/)

such that equation 61 becomes

{ 1+ coe 8 5 (1) S, (%) 2

Ji[5:00]* ~Glend i ;+[s,(>]]0¢¢°<é

x)”’m I+ S3(X) (62)

*inkl Coe B
( i/-" [Sz(x)]agm(ﬂs

At the wing leading edge equation 62 can be written as

c = i ‘/{ I+ S3(x) }2
p= |~ Lt e Cot e n(g)
‘ (Re2¢C (63)

Zquations 56, 57, 62 and 63 are the equations used to compute
pressure coefficients in the wing regions 1, 3, 2 and 4 respectively,
shown in Figure 13, page 27. It should be noted that equation 62 and
63 were derived for the center section of the wing, and are used at
the tip station as well by changing the sign of the sweep angle ﬂf in
the tip rezion.

At this point all of the equations necessary to compute the
wing pressure distributions have been developed, except for expressions
for the three functions S,(x), S;(X) and $,(X) . These functions can
be approximated at fixed points along the chord by the sum of products
of the section ordinates at the points and certain coefficients deter-
mined once and for all. The pressure coefficients are subsequently
evaluated at the chord positions at which these S-functions have been
approximated.

Dealing with the dimensionless airfoil coordinates )94& and
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Z ¢ , and computing the pressure coefficients at N locations along the

chord, the new parameter 6. is defined such that
Ce 8, = 2(xe); -1 (64)
Equation 64 is then used to determine the values of X/ locations at

which pressures are computed by setting

6;= :7\‘/-7- for i= 1 to N-I (65)
then

(xc), = T=22 (66)
and

(z72), = {[re)] (67)
The three S-functions are then determined by

S, [(X/c),] = :Zl (4,7 (Z,2), (68)

S0 = S astinz e ()

w1
Sl(xe)] = a.unfRe 4+ 22: ds(4,9)(2/%), (70)

for values of J from 1 to N-l. In addition, at the leading

edge ( where J =N )

N/

S(xe=0)= AN) P + = 4z (72)
N-1

Ss (X/C=0> = N/ _{}c_&__ + ;43(“;”)(2/5)1 (72)

In equations 68 to 72 the values for 4, , 4, and 4 are

determined as follows:
DT &n 6
A, (< = - £y
g N (coe 6, ~ Coe &)
for i # J

(73)
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L, (0= Cot & in & (76)

fori=J
(4-7)
A5 (0= 2,47 + 5 I 1) (77)
n 6 (coe B, - Cor 6y

for i #£J

L5 (4T)= 4, (47) (78)
fori=J

J
Y- |
4s(N,J)= —— (79)

Equations 6 through 79 constitute a complete set of equations
necessary to compute the wing pressure distributions. In the solution
of a particular problem the function describing the airfoil is developed,
followed by the computation of the wing area and aspect ratio. Next
the S-values and then the effective angle of attack are calculated.
Finally the pressure coefficients are computed and the results
numerically integrated and plotted.

It should be noted that this solution is purely incompressible,
and that improved results could be obtained in subsonic compressible

flows by applying the Gothert compressibility factor 8= )iy . This
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is simply done by rmltiplying the aspect ratio and Z coordinates by
the factor ,3 and then computinz the pressure distributions as usuale.
The resulting pressure coefficients are then divided by ﬂ:L for the
final results.

For this program, the differences between the wind tunnel model
zeometry and the geometry represented to the program are somewhat more
than for the previous twe programs discussed. These differences con-
sist of no horizontal tail in the program representation, a cylindrical
fuselage of infinite lenzth, and no wing tip fairings for the program.
Also, no model support system or wind tunnel walls are represented.

A comparison of the wind tunnel model and the geometry used for this
program are shown in Figure 18. Although these differences would
appear to be substantial, with the exception of the infinite fuselage,
these are the same differences that exist for the other two programs.
Since none of the data examined is closer to the fuselage than 40%
span, it 1s considered unlikely that the differences between the
various computer configurations and the model geometry will affect

the results.
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Fig. 18 Comparison of Wind Tunnel and SWPP-Code Aircraft Geometry




RESULTS OF COMPUTER ANALYSIS

IV.l Comparison of Computed and Experimental Results

In this section, the pressure distributions as computed by
each of the computer codes are examined and evaluated in terms of
their agreement or disagreement with the wind tunnel test results.
Before examining these results, it is considered proper to ask whether
the use of these experimental data to evaluate the performance of
theoretical methods is valid. It could be argued that since none of
the three programs examined a geometry that was in every way identical
to the model tested, that the comparison is meaningless. Further, if
the geometry were represented identically, it could still be argued
that if a given program accurately solved the flow equations for a
particular problem, then its results would be correct whether or not
the experimental data agree. To avoid becoming involved in such a
philosophical dialogue, no attempt is made to imply that the wind
tunnel data is the 'right answer®, but merely to use this data as a
yardstick for comparison of the computer results.

Presented in Figure 19 is the data obtained for 0.5 Mach number,
for which the flowfield should be totally subsonice At this Mach
number it can be seen that all three programs predict pressure

distributions in general agreement with the wind tunnel results. The
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Fig. 19. Comparison of Pressure Distributions at 0.5 Mach
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match between both the FLOW-27 and the SWPP-Code results and the test

data are especially good. Although the BOPPE-Code results closely
follow the data, the peak pressure predicted is somewhat smaller than
the test data indicates, and remains smaller over the forward 40% of
the wing section. For all spanwise locations, as the aircraft angle
of attack is increased, the overall load on the wings is increased,
but the agreement between the computed and measured pressure distri-
butions is unaffected. Moving outboard along the span has little
influence on the results when moving from 40 to 65% span. Moving
further outboard to 90% span results in a decrease in the leading edge
peak pressure and a greater variation between the three computer codes'
results. This wider variation between the codes effectively brackets
the experimental data, and reflects a slightly poorer performance by
SiIPP-Code and FLGJ-27 and no change for the BOFPE-Code.

Increasinz the Mach number to 0.7, the flowfield experiences
the onset of transonic flow with mixed regions of subsonic and super-
sonic conditions. At this Mach number it is not likely that large
portions of the flow are supersonic, but some localized regions of
supersonic flow may occure. Shown in Figure 20 is the pressure distri-
bution data for this Mach number. In general, the agreement with
experimental data is good for all three programs at angles of attack
below 8 degrees at all span stations. For these angles below 8 degrees,
FLOW-27 best matches the test data, with both the SWPP-Code and BOPPE-
Code predicting leading edge peak pressures below the measured values.

At 8 degrees angle of attack the test data indicates the possible
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formation of a shock wave near the leading edge at all spanwise
stations. Both FLOW-27 and the BOPPE-Code predict leading edge shocks
at these conditions, with the BOPPE-Code results most closely matching
the experimental data. A shock stronger and further aft on the wing
than that observed is predicted by FLOW-27. Although the SWPP-Code
predicts no shocks, its pressure distribution is seen to agree with
the experimental data at 8 degrees nearly as well as the FLOW-27
results. This is coincidental in that the SWPP-Code is merely
indicating the strong pressure gradient associated with subsonic flow
over a wing, while FLON-27 is predicting a shock wave which as
mentioned is stronger and further aft than observed. As a result both
programs differ from the experimental data, and by approximately the
same amount. Moving outboard along the span at angles of attack of
less than 8 degrees is seen to have little effect between LO and 65%
span. At 90% span a small reduction in the peak pressure is observed,
and the BOPPE-Code better predicts this peak than it did at more
inboard locations. At 8 degrees angle of attack the effect of moving
along the span is seen to be somewhat different. Moving outboard is
seen to move the shock slightly forward and to produce a somewhat
stronger gradient across the shock. These effects of span location as
described are observed in both the computed and experimental results
such that the spanwise location is not observed to have a large effect
on the agreement between the various results.

The final Mach number examined is 0.9. At this condition the

flowfield experiences strong compressibility effects with large areas
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of supersonic flow, and strong shock waves. The pressure distribution
data for 0.9 Mach number is presented in Figure 21. It should be
noted that due to computer time limitations neither the BOPPE-Code nor
FLOW-27 were able to reach a solution at 8 degrees angle of attack at
this Mach number. Because of this, only O and 4 degree data are
presented in Figure 21. At this Mach number it can be seen that the
incompressible flow program, SWPP-Code, fails to predict the measured
pressure distribution at any angle of attack or spanwise station.

The failure of the SWPP-Code at these conditions is an expected result
in that the program, which is based on incompressible assumptions, is
being used to evaluate a flow in which compressibility is a primary
feature. The remaining two programs, FLO:/-27 and BOPPE-Code, can be
seen to predict pressure distributions in general agreement with the
experimental results. However, the program FLOW-27 has considerable
difficulty locating the shock wave on the wing. As can be seen, at O
degrees angle of attack FLOW-27 predicts the shock wave forward of the
measured shock, while at 4 degrees the predicted shock is aft of that
measured. In contrast to FLOW-27, the angle of attack is seen to have
little effect on the performance of the BOPPE-Code at any span statione.
The BOPPE-Code is seen to consistently locate the shock wave more
closely than FLOW-27. The spanwise location on the wing is seen to
significantly alter the location of the shock as measured experimentally.
As can be seen, the further outboard on the wing, the further forward
the shock is located. This forward movement of the shock is predicted

by both FLOW-27 and BOPPE-Code, but the measured movement is greater
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than predicted. As a result, as spanwise station is increased, the
shocks predicted by both FLOW-27 and BOPPE-Code become further away
from the measured shock.

In addition to these direct comparisons of pressure distri-
butions, these pressures can be integrated to obtain section 1lift and
pitching moment coefficients. These integrations were performed
graphically and are subject to the variations introduced by such a
technique. This is particularly true for the experimental data
consisting of widely spaced points and having only four points along
the section lower surface. With this in mind, the 1ift and pitching
noment data are examined as data supplemental to the pressure
distribution data. Presented in Figure 22 is the comparison of the
section 1lift characteristics. Figure 22a shows the Mach 0.5 data.

It can be seen that at all spanwise stations the wind tunnel data are
bracketed by the computer results, showing a general agreement between
all the codes. Moving outboard along the span it is seen that the
variation between the codes increases, with the BOPPE-Code showing
consistently the best agreement. It is notable that Mach 0.5 is the
condition at which the best agreement between predicted and measured
pressure distributions is seen, and that the agreement is best for
FLOJ-27 results. In these integrated results there is a significant
difference seen between the FLOW-27 and measured results. This
difference is considered to be due to the difficulty in integrating
the wind tunnel data, and differences of this magnitude are likely to

be seen in all integrated results presented. Figure 22b shows the
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1ift data at Mach O.7. Here again good agreement is seen for all
computer codes at all span stations, with some variation seen in the
SWPP-Code results at 90% span. For all techniques, a slight decrease
in 1ift slope is seen as wing span location is increased. This loss
in 1ift slope corresponds to the reduction in peak pressure observed
in Figure 20 under similar conditions. At Mach 0.9, Figure 22c, a
wide variation in 1ift data is seen. As noted earlier, at this Mach
number the SJPP-Code results do not predict reasonable pressure
distributions, such that any agreement with its 1ift data at this
condition is only coincidentale As can be seen the BOPPE-Code closely
matches the experimental results at all span stations, while the
FLOW=27 results are consistently higher than the test results. This
is due to the shock wave being too far aft at 4 degrees angle of
attack for FLOJ-27, and therefore a higher section 1ift coefficient
is obtained. Also observed at this Mach number is the reduction in
1ift slope as the wing span location moves nearer the wing tip. This
results from the shock wave moving forward near the tip as shown in
Figure 21.

The pitching moment coefficient computed about the section
leading edge is presented in Figure 23. As can be seen in Figure 23a
at Mach O.5 good agreement with the test data at all span stations is
seen for FLOW-27 and the BOPPE-Code, while the S\/PP-Code shows poorer
agreement near the tip. At Mach 0.7, Figure 23b, the match between
experimental and computed pitching moments is still good at all span

stations for FLOJ-27 and BOPPE-Code, while the SWFP-Code results are
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good near mid-span but vary from the other computer codes and from test
results near the tip. At this Mach number there is a greater varia-

tion in the results from all methods near the tip. In Figure 23c the
Mach 0.9 pitching moments are presented. At this Mach number any
agreement between the SWPP-Code and experimental pitching moments is
considered coincidental due to the failure of the SWPP-Code to accurately
predict the pressure distribution at this condition. As can be seen

the BOPPE-Code gives good results at all spanwise stations, while the
FLO#-27 results are too high on the inboard wing sections and become
better near the wing tip. This is again the result of FLOW-27 predict-

ing the shock further aft than experimentally observed.

IV.2 Comparison of Computer Resource Requirements

In discussing the computer resources used by each program,
twc parameters are considered of primary interest. These parameters
are the amount of core memory required to execute the program, and
the CPU time required to compute a single case ( one angle of attack
at one Mach number ). The computer used for this investigation is the
AEDC IBM-370, and the computer resources described are for that machine.
Presented in Figure 24 is a comparison of the computer core memory
required for each program. The memory required is a fixed value for
each program, and not dependent on the details of the particular
problem being solved. As can be seen the SWPP-Code requires less than

one third the core needed by the BOPPE-Code, and only one fourth that
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required by FLOJ-27. Even more impressive is the CPU time requirements
for these three programs presented in Figure 25. Here the details of
the particular problem are a factor, the time required varying with
angle of attack, Mach number and aircraft geometry. As can be seen the
BOPPE-Code is relatively insensitive to angle of attack and Mach
number, requiring a great deal of time for all conditions. The FLOW-27
time requirements are more moderate than the BOPPE-Code at low Mach
number, but are seen to grow with both increasing angle of attack and
Mach number. In contrast, the SWPP-Code is insensitive to either Mach
number or angle of attack, and can require from one tenth to one
hundredth of the time required for the other programs even at low Mach
number. Two additional points should be made concerning the data in
Figure 25. First, for a given aircraft geometry, the SWPP-Code is
capable of solving more than a single case in a single computer run.
By processing many cases in a single run, the time required per case
can be reduced much further. If the nine Mach number, angle of attack
combinations examined in this study had been computed in a single run,
the CPU time per case would have been approximately one ninth that
shown in Figure 25. The second point to be made is that at Mach 0.9
at 8 degrees angle of attack, both FLOW-27 and the BOPPE-Code ran out
of time at one hour of CPU time without reaching a solution. The

point plotted in this case was where the programs stopped.
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CHAPTER V

RESULTS AND CONCLUSIONS

A generalized transonic aircraft configuration was evaluated
using three computer programs to predict the wing pressure distribu-
tions, and the results from these programs were compared with experi-
mental results from a wind tunnel. Two of the programs were "off the
shelf" numerical solutions representing the highly sophisticated
programs currently available (FLOJ-27 and BOPPE-Code). The third was
a purely subscnic incompressible technique, the program for which was
written for this investization (SWPP-Code). Using the wind tunnel
data as a basis for comparins the programs, the following observations
were made.

le At low lMach nuwnbers all three programs predict pressure
distributions in agreement with experimental results.

2. The aircraft angle of attack has little effect on the
asreenent between computed and measured pressures at low lMach number.

3. For conditions where no shock waves were present, the
effect of spanwise location was small, affecting only the peak
pressure near the wing tip, and not siznificantly affecting the match
with experimental results.

Le At high Mach numbers the SWPP-Code fails to predict
pressure distributions in agreement with test data.

5. Both FLOW-27 and BOPPE-Code predict shocks at high Mach
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numbers, with the BOPPE-Code more accurately locating these shocks.

6. At high lMach number, spanwise location affected the shock
location, resultins in better agreement between computed and measured
values away from the wing tip.

7. The 1lift and pitching moments did not agree in every
respect with observations made of the pressure distributions, but in
ceneral these data supported the findings based on these pressure
distributions.

8+« The SWPP-Code uses dramatically less computer resources
than either of the other codes examined.

It can be concluded that before using any of these programs or
other similar programs for a particular problem, close consideration
should be given to the details of the probleme If the problem is such
that the SWPP-Code or similar specialized codes can be used, large
savings in computer resources can be made without compromising the
results obtained. Similarly, the details of the problem may require
a more general or more sophisticated program to obtain adequate
results. In either event, a well thought out program selection can
prevent the use of a program that is either too simplistic or too
sophisticated for the problem at hand, and result in savings of both

computer resources and the time of the investigator.




LIST OF REFERENCES



LIST OF REFERENCES

1. A. Jagadesh Prasad, The Calculation of the Pressure Distribution
Over the Surface of a Double Delta Wing with Symmetrical Airfoil
Sections. Master's Thesis, India Institute of Science, 1961

2 Charles W. Boppe, Transonic Flow Field Analysis for Wing-
Fuselage Configurations. Grumman Aerospace Corporation, 1978

3. Antony Jameson and D. A. Caughey, Numerical Calculation of
Transcnic Potential Flow About Wing-Fuselage Combinations. AIAA 10th
Fluid and Plasmadynamics Conference, June, 1977

Le Antony Jameson and D. A. Caughey, A Finite Volume Method for
Transonic Potential Flow Calculations. AIAA 3rd Computational Fluid
Dynamics Conference, June, 1977

5. Joe F. Herman and Robert A. Paulk, Documentation of the AEDC
Adaptive and Transonic Wall Study Tests in Tunnel 4T. AEDC-TSR-78-P25,
August, 1978

6. D. Kuchemann, Royal Aircraft Establishment, The Distribution
of Lift Over the Surface of Swept Wings. The Aeronautical Quarterly,
Volume IV, August, 1953

Te Wen-Shiung Li and San-Hai Lam, Priciples of Fluid Mechanics.
Addison Wesley Publishing Co., 8th printing, August, 1976

8. R. L. Parker Jr. and W. L. Sickles, Application of Adaptive
Wall Techniques in a Three-Dimensional Wind Tunnel with Variable Wall
Porosity. AIAA 18th Aerospace Sciences Meeting, January, 1980







PROGRAM INPUTS REQUIRED FCR SWPP-CODE

Kumber of (X,Y) peints defining airfoil section.
lXY-points alonz chord, X/C.

NXY-points along chord, Z/C.

Leading edge radius/C.

Trailing edge half angle, deg.

Number of interpolation stations to use to improve
airfoil fit (usually three).

Number of points along chord to calculate Cps.
Wing semi-span, consistent units.

Airfoil thickness ratio, T /C.

Number of stations along span at which wing sweep
changes including center and tip.

X-coordinate of wing leading edge and trailing edge
in consistent units and fraction span at stations
where wing sweep changes. NBRK cards.

Body radius, in consistent unitse.

Geometric angle of attack, deg.

Number of span stations for Cp calculations.

Span stations for Cp calculations, fraction of span.

NAME  FORMAT DESCRIPTION
NXY 110
X/C 8F10.0
z/C &F10.0
RLE F10.0
THETA . F10.0
H 110

N 110

SP F10.0
T/C F10.0
NBRK  F10.0
ALE

TE 3F10.0
YBREAK

RBODY  F10.0
AIGEO  F10.0
NSP 110
ETA 8F10.0.
cL 8F10.0

Estimated section 1ift coefficients, NSP values.
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THIS PROGRAM ENTITLED THE SUBSONIC WING PRESSURE
PREDICTIOiN CODE (SWPP=CODE)s COMPUTES THE PRESSURE
DISTRIBUTIONS ON ISOLATED WING AND WING BODY
COMBINATIONSe THE PROGRAM CONSISTS OF A MAIN
PROGRAM AND A SERIES OF SUBROUTINESe. ALL

INPUT AND OQUTPUT AS WELL AS SOME LIMITED

COMPUTING 15 DONE IN THE MAIN PROGRAMy WHILE

MOST OF THE COMPUTING AND SPECIAL OPERATIONS ARE
PERFORMED IN THE SUBROUTINES

aNaNaNaRaRaNaRala¥aNaKal

DIMENSION X(50)9Y(50)9F(5)9T1(10)sT2(10)
DIMENSION SS51(50950)9552(5095C)9553(50450)451(50)
* 952(50)9853(50)

DIMENSION ALE(6)sTE(6)9ETA(L10)9CL(10)»YBREAKI(S)
DIMENSION ALPHE(10)sPHIE(10)9CPUIS0)9CPLI50)
DIMENSION XARY(5092)9YARY(5092)

DATA 55195529553951952953/7650%040/

IFLAG=0
C .
C INPUT AIRFCIL GEOMETRY.
C

READ(591) NXY
1 FORMAT(811C)
READ(592) (X(I)el=1sNXY)
READ(592) (Y(I)pIzslaNXY)
2 FORMAT(8F1040)
WRITE(6930) (X(I)aYU(1)sI=1eNXY)
30 FORMAT(1H1910Xs'AIRFOIL COURDINATES'o//e5X9'X/C
* 10X9'Z2/C'y/
* 50(3X92F10e59/))
READ(592) RLESTHETA
WRITE(6932) RLESTHETA
32 FORMAT(///95Xs *LEADING EDGE RADIUS/C = ' 4F10e59//
* 95X
* 'TRAILING EDGE ANGLE = '9F10e50"' DEGe's//)

COMPUTE THE COEFFICIENTS DEFINING THE AIRFOIL,

N NN

CALL COEF(NXYsXsY9RLE9THETASF)
WRITE(693) F
FORMAT(1H1 95X 'FO TO F& ='95F13e54/)

INPUT THE NUMBER OF INTERPOLATION STATIONSs AND
SELECT THE SPECIFIC STATIONS

aNaNaNaN'y

READ(591) NP
CALL STATIO (NPsT19T2sNXYsXsY)
WRITE(6+7)
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https://WRITE(6.32
https://WRITE{6.30

7 FORMATU(//912X9 ' X/Ct910X9'2Z/C  911X9'ZAY911X9 21"
* TXe12/C=2A'
* TXe'2/C=21%/)

A COMPARISON BETWEEN INTERPOLATED AND NON=
INTERPOLATED AIRFOIL COORDINATES 1S MADE AND THE
RESULTS PRINTED,

NONnOnNn

DO &4 I=]1sNXY

Z=ZA(FeX(]1))

CALL INTERP(NXYsXoYsT1oT2oNPsFoeX(1)eZP)
DEL1=Y(])=Z

DEL2=Y(I)=2P

WRITE(695) X(I)eY(I)eZeZPsDELL1sDELZ
FORMAT(5X96F13e5)

ALL REMAINING VARIABLES ARE INPUTe THESE INCLUDE
WING SPAN AND THICKNESS RATIOs PLANFORMsBODY

RADIUS AND GEOMETRIC ANGLE OF ATTACKs AS WELL AS

THE SPAN STATIONS OF INTERESTs ESTIMATED LIFT
COEFFICIENTS AND THE NUMBER OF POINTS ALONG

THE CHORD AT WHICH TO COMPUTE PRESSURE COEFFICIENTS.

[a¥aNaNaNaNaXaNa R Al

READ(5s1) NPT
READ(592) SP»TC
READ(591) NBRK
DO 13 1=1sNBRK

‘ 13 READ(5+2) ALE(I)sTE(I)9sYBREAK(I)
READ(5s2) RBOD

READ(592) ALGEO

| READ(591) NSP

| READ(5#2) (ETA(I)s I=19NSP)
READ(5¢2) (CL(I)s1=1sNSP)

C
C WING AREA AND ASPECT RATIO ARE COMPUTED AND PRINTED
C

AREA=0Q40

L=NBRK=1

DO 14 I=lsL

Jel+l

14 AREA=AREA+Q¢S5# (TE( 1 )=ALE(I)+TE(J)=ALE(J) ) ¥
# (YBREAK(J)=YBREAK(I))#*SP
AR=2 40%SP#SP/AREA
WRITE(6+31)
31 FORMAT(1H1915Xs 'WING PLANFORM!' /7))
WRITE(6933) SPsTC
33 FORMAT( /95Xy 'WING SEMI=SPAN = '96X9F10e4s// 95X
# 'WING THICKNESS RATIO = '9F10e44/)
WRITE(6934) AREA9AR
34 FORMAT(/95Xs'WING AREA = ' p11XeF10e&9// 95Xy
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* VASPECT RATIO = ' 98X9F10e4s/)
WRITE(6935) (ALE(I)oTE(I)sYBREAK(I)9I=19NBRK)

35 FORMAT(//95Xs ' X=LEADING EDGE X=TRAILING EDGE'
* ! ETA=BREAK')
* //950(9X9F10e4910XsF10e495XsF10e49/)0/)
WRITE(6436) RBOD

36 FORMAT(//95Xs BODY RADIUS ='9F10e4)

K=NPT=1
C
C THE S PARAMETERS ARE COMPUTED AND PRINTED AS Al
C INTERMEDIATE STEP.
C .
CALL SCALINPT955195529553)
CALL OUTTINPTsNPT9+S5S1940H SS1
* K9eNPT)
CALL QUTTINPTaNPT9»SS2940H SS2
* KsK)
CALL OQUTTINPTsNPT9S553540H SS3
* NPTeNPT)
CALL CAPS(INPT9S51955295539S519529S3sNXYeXsYsNPeT1s
* T29FsRLE9140)
CALL OUTT(NPT»19S1940H 51
* NPTel)
CALL OUTT(NPT 919529404 S2
* Kol)
CALL OUTTI(NPT 19539404 53
* NPTyl)
24 IF{IFLAGEQ.QO) GO 70O 25
C
C FOR ACDITIONAL CASES INVOLVING THE SAME AIRCRAFTs
C NEW INPUTS ARE MADE.
C

READ(5429END=999) ALGEQ
READ(591) NSP
READ(592) (ETA(I)eI=19NSP)
READ(592) (CL(I)9I=1sNSP)
25 DO 9 I=14NSP
ETB=ETAL(I)
CN=CL(T)
CO=CLOC(ALESTE2YBREAKIETB)
M=NPT/2
PHC=PHC2 (ALEsTE2YBREAKSETBsSPIMINPT)

AT EACH SPANWISE STATION THE EFFECTIVE ANGLE OF
ATTACK AND LOCAL WING SWEEP ANGLES ARE COMPUTED.

a¥aXaXal

CALL INCID(PHCsSPyETBsCNsTCsAEIPHI®ARYCO)
ALPHE(T1)=AE
AsATAN((1e+(RBOD*RBOD) 7/ (SPXSP*ETA(I ) *ETA(I)) )*
# TAN(ALGEO™
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https://INCID(PHC.SP.ETB.CN.TC.AE.PHI�AR.CO
https://CAPS{NPT�SS1�SS2.SS3�S1�S2�S3�NXY.X�Y.NP.T1

* 341415926/18060))
DA=A=ALGEC%341415926/18040
ALPHE(1)=ALPHE(I)+DA

9 PHIE(])=PHI
DO 11 I=1sNSP
AE=ALPHE(])
PHI=PHIE(])
ETB=ETA(I])

PRESSURE DISTRIBUTIONS ARE COMPUTED AT EACH
SPANWISE STATIONe

NnOonNnn

CALL PRESS(AEsPHIsNPT9S19529S3sRLEYCO9SPIETBICPUY
* CPLo

* ALEsTE» YBREAK)

AE=AE*18040/341415926

WRITE(6916) AESETB

16 FORMAT(1H1910Xe'EFFECTIVE ANGLE OF ATTACK = 1V,

*F10els//9011Xy

# VSPANWISE STATION = ' gFlOe&s/// 98X 'STATION'8X
* VX/CV'e5Xy 'CP=UPPER!
* 95X 9 'CP=LOWER" 95X 9 'DELTA=CP'y/)

PRESSURE DISTRIBUTIONS ARE NUMERICALLY
INTEGRATED TO GIVE LIFT AND PITCHING MOMENT .

NN

CN=CLI(])

SUM=0,0

SUM2=060

SUM3=060

XL=040

D0 17 J=1sNPT

H= XL

L=NPT=J+1
XL=(COS(FLOAT(L)*341415926/FLOATINPT))+1e0)/7240
XARY(Lol)=XL

XARY (Le2)=XL

YARY (Lol )=CPU(L)

YARY (Ls2)=CPL(L)

XLA= (H+XL) /240

Kzl=1

XLBe (COS(FLOAT(K)*341415926/FLOAT(NPT))+1e0)/240
XLB= (XLB+XL)/240

DCP=CPL(L)=CPU(L)

DX=XLB=XLA

SUM=SUM+DCP*#D X

SUM2=SUM2=DCP* (XL=0e25)#DX

IF(LsEQeNPT) GO TO 17
SUM3=SUM3+CPU(LI®DZ(F o XL ) *#DX=CPL(L)*¥DZ(FoXL)#*DX
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=00 0n
N9

o

20

21

(aNaNaNa!

1

-

aNaNaNaNa]

999

NO NN

PRESSURE DISTRIBUTIONS AND INTEGRATED
COEFFICIENTS ARE PRINTED.

WRITE(6912) JeXLeCPU(L)sCPL(L)$DCP
FORMAT(5Xs11091X94F1245)
WRITE(696) ALGEOQ»SUM
FORMAT(//910Xs'FOR A GEOMETRIC ANGLE OF ATTACK OF!
* 9FBe39' THE IN
*TEGRATED NORMAL FORCE COEFFICIENT IS '9FB8e59/)
IF(ETBeNEe0sO) GO TO 20
ALIFT=SUM*COS(ALGEO*3,1415926/1804)=SUuM3®
* SIN(ALGEO%#341415926/1804)
DRAG= SUM¥SIN(ALGEO#3,1415926/180,)+SUM3#*
* COS(ALGEO%341415926/160s)
GO TO 21
ALIFT=S5UM/COS(ALGEO#3,1415926/18040)
DRAG=040
SUM3=0,0
XCP=20,25=SUM2/SUM
WRITE(6922) ALIFTyDRAGISUM2 s XCPySUM3
FORMAT(/95Xe 'LIFT ='9FTe495Xs 'DRAG =V 9FTe&95Xy
* 'CM = 3F74495X
¥ I X=CP =2'9F7e495X9 'CT =1 4FTe4)

PRESSURE DISTRIBUT IONS ARE THEN PLOTTED ON THE
LINE=PRINTER,

CALL PLOT(XARY$YARY+04091409140s=3609NPT 2]
CONTINUE
IFLAG=1

THE PROGRAM THEN RETURNS TO THE INPUT SECTION
FOR ADDITIONAL CASES USING THE SAME AIRCRAFT
GEOMETRY.

GO TO 24

CONTINUE

STOP

END

SUBROUTINE COEF(NXYsXoY9RLEsTHETAoF)

THIS ROUTINE COMPUTES THE 5 COEFFICIENTS
DESCRIBING THE AIRFOIL.

ODIMENSION A(545)sX INXY)sYINXY)sF(5)95(5)
Ple3,1415926

L= IMAX(YoNXY)

S(1)=(240%RLE)*%04 5

S(2)= Y(NXY)

S(3)=0.,0
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S(4)=Y(L)
S(5)==TAN(THETA*P1/360.0)
CALL SETUP(AsXsLaNXY)

SUBROUTINE VERT IS THE ONLY ROUTINE USED FROM
A SYSTEM LIBRARYs AND IS USED TO INVERT THE
MATRIX Ae

NOO NN

CALL VERT(5454AsNFLAG)

CALL MULT(AWSsF)

RETURN

END

SUBRCOUTINE INTERPINXYsXsYsT1loT29PTSeFeX1e2P)

THIS ROUTINE COMPUTES THE INTERPOLATED AIRFOIL
COORDINATES

lalaNaKe]

DIMENSION X(NXY)sYINXY)oTLI(NPTS)sT2(NPTS)sF(5)
* AL(10)
L=IMAX(YsNXY)
XM=X (L)
Z1=ZA(FeX1)
IF(X1eGTeXM) GO TO 11
CALL COREC(T19ALINPTSeX19XM)
J=1
K=IMAX(YsNXY)
SUM=0,40
DO 13 I=19NPTS
DO 14 JJu=JieK
IFIX({JJI)eNEST1(1)) GO TO 14
SUM=SUM+ALITI*®(Y(JJ)=ZA(FeX(JJ)))
14 CONTINUE
13 CONTINUE
GO TO 12
11 CALL COREC(TZ22ALINPTSsX1sXM)
JEIMAX(YsNXY)+]
K=NXY
SUM=0,60
DO 15 I=1sNPTS
DO 16 JJsJsK
IF(X(JJ)eNEeT2(1)) GO TO 16
SUMsSUMSAL (T #{Y(JJ)=ZAlFoeX{JJ)))
16 CONTINUE
15 CONTINUE
12 IP=Z1+SUM

RETURN
END
SUBROUTINE MULT(AsSsF)

C

C THIS ROUTINE MULTIPLIES A 5 BY 5 MATRIX BY A
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5 BY 1 MATRIX AND RETURNS THE RESULTING PRODUCT
MATRIXe

DIMENSION A(595)95(5)9sF(5)
DO 1 I=145

SUM=0,0

DO 2 J=1+5
SUM=SUM+A(T9J) *¥5(J)
F(1)=SUM

RETURN

END

FUNCTION DZ(FsX)

THIS ROUTINE EVALUATES THE AIRFOIL SLOPE AT ANY
POINT BASED ON THE NON=INTERPOLATED AIRFOIL
SHAPE FUNCTION.

DIMENSION F(5)

DZ=0¢5%#F (1) /(X¥%0e5)+F (2)42e0%F (3 )% X4340%F (4) % X¥X
* +440%F (5) %XHX#X

RETURN

END

FUNCTION IMAX(ZsN)

THIS ROUTINE DETERMINES THE POINT OF MAXIMUM
THICKNESS ON THE AIRFOILe

DIMENSION Z(N)

IMAX=1

A=Z2(1)

DO 1 1=2sN
IF(Z(1)eLEsA) GO TO 1
As2(1)

IMAX=1

CONTINUVE

RETURN

END

SUBROUTINE SETUP(AsXsLsN)

THIS ROUTINE SETS UP THE COEFFICIENT MATRIX USED
IN SOLVING FOR THE CONSTANTS DEFINING THE
AIRFOIL SHAPE,

DIMENSION A(595)eX(N)
Allsl)=1e0
A(192)=060
A(193)=040
All94)=040
All195)=0.0
Al2+1)=140
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Al292)=140
A(293)=1.0
Al2y4)=140
Al(2+5)=140
Al391)=20e5/7(X(L)*¥%0,5)
A(342)=140
Al393)=X(L)*240
Al394)=3,0%X(L)%%240
A{395)=4e0%X(L)*#%340
AlGyl)=X(L)%%0e5
Al4y2)=X(L)
AlGe3)=X(L)*%2,40
Albeb)=X(L)%%3,0
Al4e5)sX(L)*%4,0
A{591)=0e5
Al(542)2140
A(593)=240
A(Se4)=340
A(545)=440

RETURN

END

SUBROUTINE COREC(AsCoNeXeXM)

THIS ROUTINE COMPUTES THE L=-VALUES USED TO
INTERPOLATE THE AIRFOIL COORDINATES.

DIMENSION A(N)9CIN)

DO 1 Js=lsN

PROD=140

OIM=21,0

DO 2 I=1sN

IF({leEQeJ) GO TO 2

PROD=PROD*(X=A(]))

DiMaDIMX(A(J)=A(]))

CONTINUE

IF(XeGTeXM) GO TO 3
ClJU)=X*PROD/(DIM*A(J))

GO TC &
ClUI=((1e0=X)/(1e0=A(J)))%%2,0%PROD/DIM
ClUI=ClI) % (ABSIX=XM) ) %%2 0/ {ABS(A(J)=XM)%%240)
CONTINUE

RETURN

END

FUNCTION ZA(F¢X)

THIS ROUTINE COMPUTES THE AIRFOIL COORDINATES
PRIOR TO INTERPOLATION,

DIMENSION F(5)
ZAsF (1) #X%#0e5
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DO 1 JU=2+5
1 ZARZA+F (J)xX%% (FLOAT(J=1))
RETURN
END
SUBROUTINE SCALINPT9S1952953)

THIS ROUTINE COMPUTES THE SMALL S PARAMETERSe

NON

DIMENSION S1(NPTsNPT)9sS2INPTeNPT) 9S3INPTINPT)
DO 1 I=14NPT )
THI=FLOAT(1)%3,1415926/ FLOAT(NPT)
DC 2 J=lehPT
THJ=FLOAT{J)*#341415526/FLOAT(NPT)
Azl.0
B=1.0
IF((tI=J)}/2)%2eNEs (I=J)) Am=1,40
IF((J/2)%2eNEeJ) Bm==1460
IF(]1e6EQeJd) GO TO 3
IF(14EQeNPT) GO TO 5
SI(leJ)=(A=1e0) %24 0O%¥SIN(THI) /(FLOAT(NPT)#*ABS
* (COS(THII=COS(THJ))
X #%2,40)
IF((IeEQeNPT)eORe{ JoEQeNPT)) GO TO 6
S2(19J)==2OXARSIN(THI )/ (SIN(THJI)#(COS(THI) =
* COS{THJII))
6 IF(]1+EQaNPT) 30 TO 4
S3(I9J)=S (1 90))4(2e0=2,C%A)/ (FLOAT(NPT)I®SIN(TH])®
* (COS(THI)=
X COS(THUYI )
GO TO 4
3 IF(14EQeNPT) GO TO 7
S1(1eJ)=FLOAT(NPT)/SIN(THJ)
S2(I4J)=COS(THJI)/(SIN(THI I ##2,0)
7 S3(1eJ)=S1(1eJ)
4 IF((JeEQeNPT) s ANDe (1o EQeNPT)) GO TO 2
IF(IeEQeNPT) S3(19J)=2(B=160)/(FLOAT(NPT)%#(1 404+
* COS(THU) )

wn

2 CONTINUE

1 CONTINUE
RETURN
END :
SUBROUTINE CAPS(NPT9SS1955295539519529S3sNXYeXsY)

# NPyT19T29FsRLEC)

C

C THIS ROUTINE COMPUTES THE CAPITAL S PARAMETERS.

C

DIMENSION SS1(NPTyNPT)sSS2(NPTeNPT)»SS3(NPTeNPT)»
* S1(NPT)9S2(NPT)»

* S3INPT)IoXINXY)sYINXY)sTLINP)9T2(NP)oF(5)

DO 6 I=1sNPT

-

94



AXz0o5* {COSIFLOAT(1)%3,1415926/FLOATINPT))+140)
NM1=NPT=1 '
SUM1=0.0
SUM2=0.60
SUM3=2040
DO 7 J=s1leNM]
BX=0e¢5%# (COSIFLOAT(JI%3,1415926/FLOATI(NPT))+140)
CALL INTERP(NXYsXsYeT1leT2oNPoFsBX9ZM)
SUM1=SUM1+SS1(Je]) #2ZM
SUM2=SUM2+552(Jy1) #ZIM

7 SUM3=SUM3+853(Jel) #ZM
S1(1)=SuUml
S2(1)=5UM2
S3({1)=SUM3+SS3(NPTel)*%(RLE®Qe5 )¥%#04e5
IF(1«NE«NPT) GO TO 6
S1(I)sSUM1+2e0%#FLOAT(NPT)*(RLE*0e5 )#%0e5
S3(1)=eSUMB+FLOATINPT ) *# (RLE*Q0¢5/C)%%#045

6 CONTINUVE '
RETURN
END
SUBROUTINE OUTT(NsMsAsLsK1lsK2)

C THIS ROUTINE OUTPUTS THE COMPUTED S VALUES.

DIMENSION A(NsM)oL (10)
KA=]
8 KB=KA+24
IF(KBeGTeKl) KB=K1
KC=1
5 KD=zKC+9
IF(KDsGTeK2) KD=K2
WRITE(604) L
WRITE(649) (191=KCeKD)
DO 1 11=KAsKB
WRITE(692) 11e(ALIT9J)sJd=KCoKD)
1 WRITE(6493)
IF(KDsEQeK2) GO TO 6
KC=KD+1
GO T0 5
6 IF(KBsEQeKl) GO TO 7
KA=KB+1l
GO TO 8
RETURN
FORMAT(1H195X910A4 /)
FORMAT(5Xs10(18s4X)9/)
FORMAT(1Xs1491X910F12,6)
FORMAT(1H )
END
FUNCTION ALAM{YCsYT)

WN O I
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THIS FUNCTION COMPUTES THE PARAMETER LAMDA.

ALAM=1e4+]1033%YC=(0s16+Te3%#YC)%#%045

RETURN

END

SUBROUTINE INCID(PHCsSPsETAsCL9TCHAEIPHI 9ARyCLOCAL)

THIS ROUTINE COMPUTES THE EFFECTIVE ANGLE OF ATTACK.

YO=sETA*SP/CLOCAL
YT={1e0=ETA)I®SP/CLOCAL
AD=240%341415926#(1e40+0,8%TC/COSIPHC))
B=AO#COS(PHC)/(3e¢1415520%*AR)
PHI=PHC/(140+B%B)# %0425
ANO=J¢2%(1e0=20%PHI®ALAMIYO9YT)/341415926)
D=6o0%(1e0+420*%ABS(PHI)/3e1415926)
D=140/D
B=AO*COS(PHI)/(341415926%AR)
DE=20#(1e0+B%B)%%D
AN=]1 0= (10042, 0%PHI®ALAM(YO»YT)/3,1415926)/DE
A=140=341415926%AN* (COTAN(3e1415926%AN]) =
* COTAN(341415926%AN0O))
AE=AXCL*SIN(341415926%AN0O)/(4e0%3,1415926%ANK
# COS(PHI)
RETURN
END
SUBROUTINE STATIO (NeT1leT2sMeXseY)

TH1S ROUTINE SELECTS wrICh STATIONS wilLL BE USED
FOR INTERPOLATION PURPUSE.

DIMENSION T1(x)eT2(N) e X(M)pY (M)
JeIMAX(Y M)

L=I/N

IF(LeEQeO) L=}

J=L/2=L+1

DO 1 K=1loeN

JeJ+Ll

T1(KY=X(J)

L=s(M=])/N

IF(LeEQeO) L=}

Jel+l/2=L+1

DO 2 K=1loN

JEJ+L

T2(K)=X{J)

WRITE(6+3)
FORMAT(/95Xe ' INTERPOLATION STATIONS'9/010XetX/C?)
WRITE(694&4) TleT2
FORMAT{TXsF6eé&)

RETURN
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END
SUBROUTINE PRESS(AEsPHINPT9S19529S3sRLESCeS+ETAY

* CPUsCPLY
* ALE»TEsYBRK)

THIS ROUTINE COMPUTES THE WING PRESSURE
DISTRIBUTIONs

DIMENSION ALE(6)sTE(6) 9 YBRK(6)

DIMENSION S1(NPT)eS2(NPT)#S3(NPT) sCPUINPT)sCPLINPT)
SA=SIN(AE)

CA=COS(AE)

AN=045=PH/341415926

A=PH

Y=ETA*S

IF{Y/CelLEeOe5) GO TO 3

DO 1 I=1sNPT

PH=PHC2(ALEsTEsYBRKIETAsSsI oy NPT)

SP=SIN(PH)

CP=COS(PH)

X2 {CO0S(3e1415926*FLOAT(I)/FLOAT(NPT))+1e0)/240
IF(]14EGeNPT) GO TO 2

T1=CA*(CP+S1(1}))

T2=(SA%(1e0/X=140) *¥%#0¢5)%(140+S3(]1)/CP)
T3=2140+52(1)%S2(1) 7 (CP*LP)
CPU(I)=1e0=CAXCAXSP#SP=(T1+T2)%(T1+T2)/T3
CPL{I)=1e0=CAXCAXSP*SP=(T1=T2)%(T1~-T2)/T3

GO 70 1 :
Tl=SA*(1e0+4S53(]1)/CP)

T2=( (RLE/ 240 Ie%Qe5)/CP
CPU(I)=1e0=CAXCAXSPHSP={T1/T2)%(T1/T2)
CPL(I)=CPUI(I])

CONTINUE

PH=A

RETURN

DO &4 I=1sNPT

PH=PHC2 (ALEYTEsYBRKsETAsSs I oNFT)

SP=SIN(PH)

CP=COS(PH)
FPuALOG((1leO+SINIPH) )}/ (1e0=SIN(PH)))1/341415926
X=(CO0S(3e1415926%F LOAT(I)/FLOATINPT))41e0)/2¢0
IF(I+EQeNPT) GO TO 5
T1=(1e0+CP%#S1(1))/((140+4S2(1)%52(1))%*%#045)
T2=FP#CP*S2(1)/(1e04S2(1)%#52(]))
T3eSACP*(1e0/X=14 0)#%AN
T4=(1e0+S3(1))/((1e0+S2(1)%S2(]))#%AN)
CPU(TIIZ1le0=((T1l=T2 ) %CA+TI%TL)*((T1=T2)#CA+T3%#T4)
CPLII)=)e0=((T1=T2 )%#CA=T3%#T4)%((T1=T2)%#CA=T3%#T4)
GO TO &

Tl=(1e0+S3(1))/((RLE/ 240 Y AN )

97



CPU(I)=1e0=SA*SAXCPHCP®T1#T1
CPL(I)=CPUI])
4 CONTINUE
PH=A
RETURN
END
FUNCTION CLOC(AsToYHE)
C
C THIS RCUTINE COMPUTES THE LOCAL WING CHORDe
C
DIMENSION A(6)sY(6)sT(6)
DO 1 I=1,5
L=l+1
IF(EeGTaY(L)) GO TO 1
J=1l
GO 70 2
1 CONTINUE
2 PCT=(E=Y(J))/Z7(Y(L)=Y(J))
DC=T(L)=A(L)=T(J)+A(J)
CLOC=T(J)=A(J)+DC*PCT
RETURN
END
FUNCTION PHC2(AsTeYsEsSPeKsNPT)
C
C THIS RCUTINE COMPUTES THE SWEEP ANGLE OF THE
C 50=PERCENT CHORD L INE,
C
DIMENSION A(6)»T(B)eY(6)
X={COS(FLOAT(K)#*#341415926/FLOAT(NPT))+160)/240
DC 1 I=246
L=l
IF(Y(1)eGTeE) GO TO 2
1 CONTINUE
2 J=l=1
PHC2eX* (TIL)=A(L) ) +A(L)=X#(T(J)=A(J))=A(J)
PHC2=PHCZ/LIY{L)=Y(J))%SP)
PHC2=ATANIPHC2)
RETURN
END
SUBROUTINE PLOT(Xs YoeXMINSXMAX s YVMMN YiMiMX o MoN)
C
C THIS ROUTINE PLOTS THE PRESSURE DISTRIBUTIONS,
C
DIMENSION X(5092)9sY(5092) 9 LINE(T3)9ISY(5)9V(5)sH(5)
DATA 1V 1SY/ 1H] 1A 1HBe1HCy1HDy 1HEY/
YN IN=YMMN
YMAX=EYMMX

IFCI(XMINGOEQeQCeO) e ANDe ( XMAXeEQeO0))
# CALL MAXMIN(XoYosXMAXI XMINSYMAXSYMINIMON)
DXz ( XMAX=XMIN) /7340
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DY=(YMAX=YMIN) /4540

Dl=( XMAX=XMIN) /7440

D2=( YMAX=YMIN) /7440

DO 1 I=1+5
VII)=YMAX=FLOAT(I=1)%D2
H{1)=XMIN+FLOAT(I=1)%D1
WRITE(6+3)

FORMAT(1H1)

DO 10 I=1945

CALL BLKILINE)
IF((IeEGel)eORe(1eEQe12)eORe(1eEQe23)e0Re
* {JeEQe34)e0Ra({IeEQe45)) GO TO 6
GC TO 7

CALL HOR(LINE)

IFLAG=]

DO 2 J=1973y18

LINE(J)=1V

DO 4 K=1lsN

DO 4 KK=1leM
IF(ABS{YMAX=DY/2¢0=Y(KKsK))eLE«ABS(DY/240))
*# CALL PTUXI(KK9K) o XMINsDXosLINESISY(K))
CONTINUE

YMAX=YMAX=DY

IF(IFLAGeEQsC) GO TO 5
IF(IFLAGeLT412) GO TO 9
IFLAG=IFLAG=10

GC TO 8

WRITE(6e11) VIIFLAG)SLINE
FORMAT(S5Xs1PE12e493X9T3A1)

GC T0 10

WRITE(6912) LINE
FORMAT(20X9e73A1)

IFLAG=0D

WRITE(6913) H
FCRMAT(/913X95(1PE12e%496X)}))
RETURN

END

SUBROUTINE HORI(L)

THIS ROUTINE DRAWS HORIZONTAL GRID LINES WHEN
PLOTTING.

INTEGER L(73)
DATA L2/1H=/

DO 1 I=1973
Lil)=L2

RETURN

END

SUBROUTINE BLK(L)
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THIS ROUTINE BLANKS OUT A LINE WHEN PLOTTINGe

INTEGER L{73)

DATA L2/1H /

DO 1 I=1+73

Lil)=L2

RETURN

END

SUBROUTINE PT(XsXMINeDXsLINEWISY)

THIS ROUTINE PLACES A SYMBOL AT A PARTICULAR POINT

WITHIN THE PLOT LINE.

INTEGER LINE(73)

O 1 1=1+73

IF((XMIN+FLOAT(1)%DX)4GTeX) GO TO 2

CONTINUE

RETURN

LINE(I)=ISY

RETURN

END

SUBRCUTINE MAXMIN(XsY o XMAXsXMIine YMAXsYMINSMoN)

THIS ROUTINE PROVIDES AUTO=SCALING FOR THE
PLOTS WHEN NECESSARY,

DIMENSION X(isN)osY(MeN)
XMAX=X({1sl)

XMIN=XMAX

YVMAXEY(19l)

YMIN=YMAX

CC 1 I=19M

PO 1 JU=1sN

IF(X{1oJ)eGTeXMAX) XMAXEX(IsdJ)
IFIX(TIoJd)eLTeXMIN) XMINEX{IsJ)
IFIY(IoJ)aQTeYMAX) YMAXEY(]l9dJ)
IFIY(ToJ)elTeYMIN) YMIN=Y(l0sd)
CONTINUE

RETURN

END
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