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ABSTRACT 

The prediction of wing pressure distributions on 3-<iiiiiensional 

aircraft configurations is a problem of great interest and importance 

in the development of new aircraft designs. Many techniques have been 

developed utilizing high speed digital computers to address this problem. 

These techniques differ greatly in their degree of sophistication, 

computer resources required, inputs and quality of results. This study 

examines three computer codes for predicting pressvire distributions and 

evaluates their performance on a generalized 3-dimensional aircraft 

configuration relative to pressure distributions measured in a wind 

tunnel. In addition, the three computer codes are compared to one 

another in terms of computer resources required. Of the three computer 

codes utilized, tvro are considered "off the shelf" programs representing 

the state of the art in numerical fluid mechanics. The third program 

\iras written for this study and is more typical of some of the more 

specialized techniques. 

An examination of the data generated using these programs 

indicates that all give good results at low Mach numbers, but that the 

performance of each is impaired to varying degrees by increasing Mach 

number. It is also observed that dramatic savings in computer resources 

result through the use of a more specialized program. It is therefore 

held that by carefully evaluating the needs of a particular problem 

and selecting a computer program to match these needs, a significant 

iix 



saving in time and computer resources can be obtained while 

maintaining the quality of the results. 
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CHAPTER I 

mTRODUCTION 

I.l Statement of the Problem 

In recent years the development of new aircraft configurations 

has become increasingly dependent on the ability to predict the air 

pressure distributions on the aircraft at various flight conditions. 

At the same time, the rapid advances in high speed digital computer 

technology has given the aircraft designer precisely the tools needed 

to address this problem. As a result, many techniques have been 

developed using the computer to predict the pressure distribution on 

3-dimensional isolated wings sind wing-body combinations. These tech 

niques vary greatly in terms of the type of aircraft geometries they 

may evaluate, the flight conditions they can accept, the input 

information necessary to approach a specific problem, the computer 

resources required to reach a solution, and ultimately in the quality 

of the results obtained. This study examines three computer prediction 

techniques and compares their results for a specific problem with 

results obtained experimentally by measxxring pressure distributions 

in a wind tunnel. Also examined are the resources required to reach 

these results. 



1.2 Selection of Computer Codes 

Three computer codes are selected for use in this study, having 

a variety of features and techniques. The first of these is a program 

written for this study based on a technique detailed by A. Jagadesh 

Prasad (l) of the India Institute of Science. This program is typical 

of the more specialized codes, dealing best with a specific class of 

problems. This program is called the "Subsonic Wing Pressure Prediction 

Code" and is referred to as SV/PP or S\ifPP-Code throughout this study. 

The second program selected is called the BOPPE-Code developed by 

Charles W. Boppe (2) of Grumman Aerospace Corporation. This program 

is very general in the type of geometries and flight conditions it can 

evaluate and solves a set of simplified flow equations using an 

iterative numerical approach. The final program selected is FLOW-27 

developed by Antony Jameson of Courant Institute of Mathematical 

Science and D. A. Caughey of Cornell University (3»4)» This program 

is also very general in the type of geometries and flight conditions it 

can evaluate, and solves the full transonic potential flow equations 

using an iterative numerical approach. Both the BOPPE-Code and FLOW-

27 are considered "off the shelf" programs and are selected in part 

due to their availability to the author. A more detailed description 

of each of these programs is presented in Chapter III. 



1.3 Aircraft Geometry Selection 

The selection of an aircraft configuration for evsiluation in 

this study was based on the requirement that the configxiration had to 

meet two conditions. First, the configuration had to be such that 

each of the three computer codes used could accurately represent the 

geometry. Secondly, existing wind tunnel data had to be available 

for the configuration. Although none of the candidate configurations 

met both of these requirements in every detail, the selected 

configuration was considered more than adequate for the problem at 

hand. The configuration chosen was a generalized transonic aircraft, 

and a detailed description of the wind tunnel model is presented in 

Chapter II. 



CHAPTER II 

EXPERIMENTAL APPARATUS AND PROCEDURES 

II.1 V/ind Tunnel 

The experimental data used in this study was collected in the 

Aerodynamic V/ind Tunnel (4T) of the Arnold Engineering Development 

Center (AEDC) by R. A. Paulk and J. F. Herman (5). This tunnel is a 

closed-loop, continuous flow, variable density tunnel, in which the 

Mach number can be varied from 0.1 to 1.3 and can be set at 1.6 sind 2.0 

by placing nozzle inserts over the peraicinent sonic nozzle. The 

stagnation pressure can be varied from 300 to 3700 psfa at all Mach 

numbers. The test section is 4 foot square and 12.5 feet long with 

perforated variable porosity (0.5 to 10^ open) walls. It is completely 

enclosed in a plenum chamber from which the air can be evacuated 

allowing part of the tunnel airflow to be removed through the 

perforated walls of the test section. 

The model support system consists of a pitch sector and sting 

attactiment capable of positioning the model au angles of attack from 

-7 to 28 degrees. A roll mechsinism in the pitch sector permits the 

model to be rolled from -180 to 180 degrees about the sting center-

line. Aircraft pitch and yaw attitudes are then obtained through a 

combination of pitch and roll attitudes. The tunnel test section and 

model support system are shown schematically in Figure 1. 
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II.2 Test Article and Model Instrumentation 

The wind tunnel model used to obtain the experimental data in 

this study was the AEDC transonic wall interference model, a general 

ized transonic aircraft consisting of a wing, body and horizontal 

tail. The fuselage was of circular cross section with a 4*65 caliber 

tangent ogive nose and a 9*38 caliber cylindrical afterbody. The wing 

and horizontal tail were mounted to the fuselage along the fuselage 

centerline and were swept back 30 degrees. All lifting surfaces were 

KACA-0012 airfoil sections, with no taper, twist or camber and having 

no dihedral angle or incidence angle relative to the fuselage. Details 

of the model are shown in Figure 2. 

The model was sting mounted in the tunnel, and instrxunented 

with a six-component main balance and 92 surface pressure orifices. 

Of these pressures, 41 were located on the fuselage of horizontal tail 

and are not used in this study. The remaining 51 pressures were 

distributed streamwise along the wing as shown in Figure 2 at span 

stations of 40, 65 and 90^. At each span station 17 pressures were 

distributed with 13 on the wing upper surface and 4 on the wing lower 

surface. A typical airfoil section is shown in Figxire 3, along with 

the location of the pressure orifices along the wing chord. 

The data used for this study was collected at Mach numbers of 

0.5, 0.7 and 0.9 at a constant total pressure of 1000 psfa, 

corresponding to unit Reynolds numbers of from 1.4 to 2.0 million 

per foot. The model angle of attack was varied from -6 to 12 degrees 
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Orifice Number X/C 

1 0.02 

2 0.10 

3 0.20 

4 0.30 

5 0.40 

6 0.45 

7 0.50 

8 0.55 

9 0.60 

10 0.65 

11 0.70 

12 0.80 

13 0.90 

14 0.02 

15 0.20 

16 0.40 

17 0.60 

Fig. 3 Location of Pressure Orifices Along the Ning Chord 

of the Wind Tunnel Model 
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in 2 degree increments using a pitch-pause method to cillov; the pressures 

to reach a steady-state value before recording the data. These data 

were collected in support of the AEDC Transonic Adaptive V/all Study in 

which the wind tunnel wall porosities were varied in an effort to 

minimize the wall interference on the model. Although no wall inter 

ference corrections were made to this data, it was shown by R. L. 

Parker and W. L. Sickles (8) that the wall interference had been 

minimized through the use of these adaptive wall techniques and that 

the data could be considered interference free. 



CHAPTER III 

COMPUTATIONAL TECHNIQUES 

III.l Description of FL0l'J'-27 

The program FL0V/-27 developed by Jameson and Caughey (3»4) is 

tj-pical of the sophisticated numerical techniques being developed and 

used to evaluate aircraft pressure distributions, and is considered to 

represent the "state of the art". For a given aircraft geometry, this 

code numerically solves the full transonic potential flow equations 

about the aircraft. 

As presented by Jaimeson and Caughey (3), using a cartesian 

coordinate system where u, v and w are the velocity components in the 

X, y and z directions, the transonic potential equation is equivalent 

to the continuity equation 

siW^ (1) 

with the derivitive of the densityf related to the speed of soiind and 

the magnitude of the velocity by the energy equation for a calorically 

perfect gas 

ce ^ ^2) 

and the requirement that the velocity vector be the gradient of some 

scalar function By introducing the quantity ^= , equation 1 

10 



can be written as 

^2^/2fl^ \ £2. 7/ + 7 r \-/7
dx (3) 

Applying an arbitrary( non-singxilar )coordinate transformation to 

the coordinate system I, J, K, equation 3 becomes 

where U, V, and W are the contravarient components of the velocity 

vector in the new coordinate system, multiplied by the determinate 

of the Jacobian of this transformation. 

The numerical solution of equation 4 is based on its equiva 

lence to the usual quasilinear form of the potential equation, for 

which reliable numerical schemes have been developed. A finite 

difference approximation to equation 4 is constructed using central 

differences everywhere. Using a central differences scheme, the 

equation becomes unstable in locally supersonic regions. To stabilize 

the equation in these regions, an artificial viscosity is then added 

in conservative form, effectively giving an upwind bias. The differ 

ence equations developed in this manner are then solved using an 

iterative line relaxation technique. 

The use of this technique requires only a local description 

of the mapping function. As a result the solution process is 

essentially decoupled from the generation of the grid network. Thus 

the finite difference grid can be constructed in any convenient 

manner, and all that is subsequently needed are the coordinates of the 

11 



mesh points. As such, the grid network is generated by mapping the 

physical space into a rectangular prism in which the wing lies on 

one surface of the prism, the fuselage on another surface, the 

vertical plane of symmetry on another as shown in Figure 4. A luiiform 

rectangular mesh in this domain is then mapped back into the physical 

domain to give the cartesian coordinates of the grid points. 

This program is designed to be used on isolated wings and 

wing-body combinations of quite general geometries and at a wide 

range of flight conditions. However, for this study the aircraft 

geometry as evaluated by FLOW-27 is not identical to the aircraft 

geometry as tested in the wind tunnel. Although the differences are 

not thought to affect the results, it is important that these 

differences be clearly identified. First and foremost, the wind 

tunnel model has a horizontal tail which is not included in the 

computer analysis. Also, the wing tips of the model are slightly 

faired while the wing tips in the computer analysis are squared off. 

Two additional variations are that for the computer program the model 

is free flying( not supported by a sting ), and no wind tunnel walls 

are modeled in the far flowfield. A comparison of the wind tunnel 

geometrj?- and that used in this program is shown in Figure 5. Aside 

from these differences, the model geometry is accurately represented, 

and it is felt that the differences mentioned should not greatly 

affect the wing pressure distributions between 40 and 90^ span. 

The program inputs required for a solution are the aircraft 

geometry and flight conditions as well as certain program control 

12 
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Fig. 5 Comparison of Wind Tunnel and FLOW-27 Aircraft Geometry 
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variables. The geometry of the fuselage is given by fuselage cross-

sections at various positions along the body. The wing geometry is 

given in terms of its location on the fuselage, airfoil coordenates 

at various spanwise locations, wing sweep, tv;ist, taper, camber, 

dihedral and incidence angle relative to the fuselage. The flight 

conditions are given in terms of l-Iach number, angle of attack and 

angle of sideslip. The control variables are parameters such as the 

convergence criterion, maximum number of iterations per step and 

output control parameters. 

III.2 Description of BOPPE-Code 

The BOPPE-Code developed by Boppe (2) is similar in nature to 

FLOVJ-27 in that both are sophisticated numerical solutions which solve 

their respective equations on a grid network using an iterative 

technique. For a particular problem the BOPPE-Code numerically solves 

the transonic small disturbance flow equation, modified to include 

three additional terms from the f\ill potential flow equation. This 

equation is written as 

The terms ^ known as the cross-

flow terms and are included to permit shock waves which are highly 

15 



swept to be treated more accurately. A third term included from the 

full potential equation is ^^"1x3 * "^^is term is a 
second order term in the streaimfdse direction which results in a more 

accurate determination of the local velocity. This local velocity is 

critical in transonic solutions because the type of the potential 

equation changes from elliptical to hyperbolic in locally supersonic 

regions. A grid network is established about the aircraft using a 

fine grid spacing near the aircraft where large gradients occur, and 

a coarse grid spacing throughout the remaining flowfield. The coarse 

grid consists of 51, 26 and 31 grid lines in the x, y and z directions 

respectively as shovm in Figure 6. For the coarse grid the coordinates 

have been stretched such that the whole physical space is covered to 

account for the far field effects, while requiring that approximately 

half of the grid lines fall on the aircraft. The fine grid is made 

up of a fuselage grid of 70, 20 and 39 grid lines in the x, y and z 

directions which enclose the fuselage, and a grid of 100 by 34 grid 

lines in the x and z directions at each y location at which a coarse 

grid line intersects the wing. Figures 7 £wid 8. On this grid network 

a finite difference approximation to the modified equation is 

constructed in non-conservative form. The use of non-conservative 

differences rather than conservative differences works to good 

advantage in that non-conservative differences introduce more 

artificial viscosity into the flow and resiiLt in better agreement with 

observed phenomenon. Central differences are used in subsonic regions, 

while upwind differences are used in supersonic regions to stabilize 

16 
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the solution. These difference equations are then solved using a 

line relaxation technique which is iterated to reach a solution. The 

coarse grid covering the flowfield is solved first, and used as a 

starting point for the fine grid solution. 

The BOPPE-Code, as with FLOW-27, is designed for use on 

isolated wings and wing-bodj'' combinations. Here again there are 

certain differences between the aircraft geometry as represented to 

the program and the configuration tested in the wind tunnel. The most 

significant difference is the absence of the horizontal tail in the 

computer description of the geometry. The wing tip geometry as 

represented to the program was squared off parallel to the free 

stream direction, while the model incorporated small tip fairings, 

and the tangent ogive nose of the model has a hemispherical tip, while 

the nose as represented to the program extends the ogive nose to a 

sharp point. In addition to these variations in the aircraft geometry, 

the model support systeia and wind tunnel walls are not included in the 

flowfield. These differences are shown in Fig\ire 9» Aside from these 

geometry differences, the wind tunnel model is accurately represented 

to the program. 

The program inputs required are the aircraft geometry, flight 

conditions and program control variables. The geometry is given in 

terns of fuselage cross-sections along the body, wing planform given 

as wing leading and trailing edge locations at various spanwise 

stations, wing location on the fuselage, and airfoil coordinates and 

wing twist angle at various spanwise locations. The flight conditions 

18 
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required are the Ilach number, Reynolds number and angle of attack. It 

should be noted that the Reynolds number is used to compute a boundary 

layer displacement thickness which is used to modify the aircraft 

geometry before processing. The control variables include the 

reference center for integrated forces and moments, number of itera 

tions to be made on the coarse grid, and the convergence criterion, 

as well as output control variables. 

III.3 Description of the Subsonic V/ing Pressure Prediction Code 

( ShTP-Code ) 

The SVJPP-Gode is based on a technique detailed by A. Jagadesh 

Prasad (l), and represents the more specialized programs dealing with 

a particular class of problem. As reported by Prasad, this technique 

is intended to compute pressure distributions on 3-d.iraensional swept 

and tapered isolated wings of symmetrical airfoil sections at angle of 

attack in incompressible flow. This technique is modified for this 

study to include a circular fuselage of infinite length with the wing 

mounted along its centerline. 

This technique makes use of the concept that for portions of 

the wing sufficiently far from the wing root or tip, a 2-dimensional 

solution is valid. In regions near the root or tip, the same 

2-dimensional solution is used with modifications to reflect the 

3-dimensional nature of the flow in these areas. 

Given the symmetricaJ. airfoil coordinates, leading edge radius, 
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trailing edge half-angle, thickness ratio, wing planfonn, body radius 

and geometric angle of attack, this program will compute the pressure 

coefficients along the wing chord based on the wing span location and 

an estimated section lift coefficient at that span location. A detailed 

list of the program inputs is presented in the Appendix along with a 

listing of the computer program. The eqiiations used are in closed 

form requiring no iteration to reach a solution. These equations and 

their development as presented in Reference 1, with the modifications 

necessary to include the cylindrical fuselage follow. 

An expression for the airfoil coordinates Z/C as a function 

of X/t is defined such that 

^/c = f(K/c)= Ft,CVc)' +̂ F CX/cJ+ Fa(X/cf (6) 
v;here ^ F,, Fg,, Fg and Fh are constants determined directly from the 

input data based on the following five conditions. 

i» ^e/c ~ Fa/^n , 

ii. At the X/c corresponding to maximun airfoil thickness 

z/t~ o.stA:, 

iii. At X^c ̂ l.o ̂ Z/c must equal the trailing edge ordinate. 

iv. At the X/t corresponding to maximum airfoil thickness the 

slope of the airfoil surface must equal zero. 

— O at X/c giving maxiraum Z/C, 

V. At X/c-l,o the slope of the airfoil surface must be 

equal to -tan (©)where © is the trailing edge half 

angle. 
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Having determined the values fy'~*'F^ , the airfoil coordin 

ates at any position along the chord are found from equation 6. This 

approximate airfoil shape is then improved by using an interpolation 

scheme such that 

^r/c » -r^x/c)= ^ 

where H is the number of interpolation stations, input to the program 

are interpolation stations along the chord selected 

from the input data by the program. 

are airfoil coordinates from the input data corresponding 

to the Cx/c)j values. 

are interpolation weighting factors determined from 

the X/c location and the interpolation stations Mjas follows. 

for X/c^CVcX,. 

[jfr,[ 

for /lr^ >Cx/cXn • 

where is the X/c corresponding to maximum airfoil thickness and 

TT indicates the product of terras. Equation 7 is used to obtain the 

airfoil coordinates at any position along the chord throughout the 

program. 
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Next the wing area and aspect ratio are computed directly from 

the input planform information. At this point it is necessary to 

determine the effective angle of attack at each spanwise station at 

v;hich pressure coefficients are to be computed. Kuchemann (6) derived 

the following relation for the effective incidence at any spanwise 

station of a finite swept isolated wing. 

(9) 

where Cj. is the estimated section lift coefficient. 

(10) 

\+X(y)2.PeXTT 

^(l- XCy) ZS^feX-Tf) (12) 

X(/)= /. -»•/.3?/'(0.16+ 7.3 (13) 

y is the distance to the root or tip measured in terms of the 

local chord. 

ci,= Z 0.6(X/(^/cc< 

is the sweep angle in radians of the 50^5 chord line. 

This effective angle of attack does not account for the 

presence of a fuselage. This is therefore modified by defining a new 

effective angle of attack eke . 

o<e = cx-e + (15) 
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where ^^fose is the increment in angle of attack due to the fuselage• 

To evaluate this increment » =>■ circular cylinder of infinite 

length inclined at a geometric angle of attack is examined in 

Figure 10. 

Fig. 10 Infinite Cylinder at Angle of Attack 

The free stream velocity is resolved into its components 

normal to and tangent to the fuselage centerline, as shown in Figure 

11, such that the normal and tangential velocity components become 

= Vo (i6) 

V/. = v; (17) 

Yr 

Fig. 11 Free Stream Velocity Components Relative to 

the Cylinder Axis 

The velocity component along the cylinder axis, V'p » will be 

unaffected by the cylinder, but the component normal to the cylinder 

, will be influenced by the cylinder, and can be evaluated as 

a cylinder in cross flow. From Li and Lam (?) it can be shown that at 

any point ) in the flowfield about a cylinder in cross flow the 

velocity in the ^ direction is 
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\4= VJI^ 
(18) 

as shovm in Figure 12. 

q R\Boby
vjl 

Bod/ 

V. 

Fig. 12 Velocity Distribution about a Cylinder in Gross Flow 

In the case of a wing mounted along the centerline of the 

fuselage at , the cross flow velocity at the wing plane becomes 

V,= (/ + ■^) (19) 
where Rttby and ^ are in any consistent set of units. Using this 
induced cross flow velocity and the existing velocity component 

along the body V)> , a new angle of attack o^*is computed due to the 

fuselage. 

(20) 

(21)
/ 

The increment in angle of attack at any spanwise station due 

to the fuselage is then the difference between DC and c(. . Therefore 
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^'^FuSt = 0< -£X^ (22) 

^^Fost - ~ (23) 

and the total effective angle of attack o<^= o<^ *■ ^ °^Fvse becomes 

( ) 

At this point expressions for the airfoil shape, wing area and 

aspect ratio, and the effective angle of attack at each span station 

of interest have been computed. Based on this the pressure coefficients 

are computed along the wing surface at the span stations of interest. 

Four equations for the pressure coefficients have been developed, with 

each applying to a particular region of the wing. These four regions 

are: 

1. the portion of the wing more than one local chord length 

from the wing center or tip, and not at the leading edge. 

2. the portion of the wing less than one local chord length 

from the wing center or tip, and not at the leading edge. 

3. the portion of the wing more than one local chord length 

from the wing center or tip, and at the leading edge. 

4. the portion of the wing less than one local chord length 

from the wing center or tip, and at the leading edge. 

These four regions are shown schematically in Figure 13. 
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ccureR 

Tip 

Fig. 13 Four Wing Regions used by SWPP-Code to Determine 

Which Equation to use to Compute Cp 

For any point on the wing the equation used to compute the 

pressure coefficient is determined by what region the point is in. 

The equation used in region 1 is developed for a two dimensional 

airfoil at an angle of attack ,in a free stream velocity V4 

shown in Figure 14* 

X 

Fig. 14 Airfoil at an Effective Angle of Attack to the Flow 

The velocity Vo is resolved into its components parallel to 

and normal to the wing chord line such that 

V- = Vo^ (25) 

(26)
Vy = Vo 
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These two flow components are then examined separately to develop a 

distribution of singularities which exactly cancels the stream 

component normal to the airfoil surface( no flow across a solid 

boundary ). 

For the flow parallel to the wing chord, at any point along 

the surface of the airfoil the velocity Vy is resolved into its 

components normal to and tangent to the surface as in Figure 15• 

Vr 

Fig. 15 Components of the Chordwise Velocity Relative to 

the Airfoil Surface 

These components are: 

Vn = (27) 

Vx (28) 

where S is the angle between the wing chord line and a line tangent 

to the surface at the point of interest. The sine and cosine of £ 

can be expressed in terms of the airfoil geometry as 

/
^ — y — 

/'♦ (29) 
^ - IT _ ct/Lyj-K 

' 

such that and become 
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wVx d̂K 
Vu= 

ifRSf(3xJ 

V. (32)
Vr= 

These velocity coniponents are then used to develop the 

singularity distribution needed for the solution. To do this consider 

the complex variable ^. 

/= (33) 

The ̂ -plane is transformed conformally into the 

plane, where the portion of the K -plane outside the contour (x) 

is transformed into the portion of the ^-plane outside a slit along 

the X axis. The determination of the singularity distribution in the 

^-plane which produces a velocity distribution canceling the normal 

velocity Vh at the airfoil surface is equivalent to determining the 

singularity distribution in the ^-plane which cancels the normal 

component at the slit. This requires a source distribution at the 

slit of strength . This produces a tangential velocity of 

f-lH Iv' 
(34) 

Using the mapping ratio , the corresponding tangential velocity 

at the surface of the airfoil in the -/( -plane becomes 

MLM- ^j JLX/JX* XK' (X-X-) (35) 
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and the total velocity at the surface becomes My +^Vr 

j_ rcx-it-va'-x'') ix-V('X,2)= (36)
TT J JKyUx' JK'(X-X-) ' 

To find y(X,'^ exactly one needs the relation between X and X*" By 

requiring ,an approximate 

expression for can be obtained which is correct to the first 

order of X/b. This expression for V(^,Z) then becomes 

\/CX,2)= 
V, 

(+ 5,W, (37) 

where 

i2 yx 

7r JK'(X-X-) (38) 

Next consider the airfoil exposed to a flow velocity normal 

to the chord as shovm irL Figure 16• 

\r 

Fig. l6 Airfoil in Flow Normal to the Chord Line 

For a flat plate, the velocity at the plate is given by 

f' (39)vc\o> ±vyi 
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such that the velocity nomal to the plate is zero and the tangential 

velocity is of opposite sign on the top and bottom of the plate. This 

can be represented by a distribution of vortices along the plate such 

that the strength is equal to the jump in tangential velocity 

across the plate. 

m)=zvz/^ (40) 
For the airfoil, the vortex distribution may be taken as 

^(x)= + akcx) 
'* (41) 

Inhere is due to the airfoil thickness. Keeping only the terms 

up to the first power of H and satisfying the Kutta-Joukowski condition 

at the trailing edge, it can be shown that Ai(K) can be written as 

^fur 
TT / X JL'*^ i-(i-2K) . a~x') (42) 

With this result, becomes 

m= 2vi/z|z[/ + Sjex)] (43) 
v/here 

This distribution of singularities is along the choixi line, and the 

total velocity on the chord line is ^f(^) . Hence the 

velocity on the airfoil surface in the uniform flow Vz normal to its 

chord line is 

JX/ 
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Combining this equation with the equation developed for chordwise flow, 

equation 37, gives the total velocity due to the flow at angle of 

attack o<e . 

(46) 

where 

_ Ot2 «<«['+ ± [\+S^(x)J 
(48) 

/nTv^ 

and the plus and minus signs are used for the upper and lower surfaces 

respectively. Using Bernoulli's equation for incompressible flow 

'-(if 
Therefore 

;—;—^ (50) 

These results apply to an xmswept airfoil, and for a swept wing this 

eqiiation becomes 

Cp= ]l 
ri+ 
L j 
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where 0 is the local wing sweep angle. At the leading edge of the 

wing, region 3, this equation can be written as 

c,= I- C«V; 

) 

Equations 51 and 52 apply to points on the wing away from the 

wing center or tip, where the influence of the center and tip are 

smll. Next consider the wing center line. As shown by Kuchemann (6) 

the wing can be replaced by a series of kinked source lines as in 

Figure 17. 

/ 
e 

»• X 

Fig. 17 Kinked Vortex Line Distribution at b'ing Center Section 

The velocity component Vx at the chord line is given by 

= S,(x)
Vo 

v/here 

G(^)- (54) 

i/ith the spanvn.se component of velocity being zero due to symmetry, 

the velocity distribution on the surface becomes 
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\/(x z) '̂ ^̂ ~ 

" //+[s,rt)f 
(55) 

and ^ 

I ^ I -I-C<ra (Hf S,(X)- Q(^)S3^(X)C^^^ 
' hTW 

Equation 56 is modified to improve its performance near the leading 

edge such that 

^ ,_ Ii + co^0^>(y)-G-(/)S,(x)c^(i^rrrTs^
Cp- I (57) 

)+[5^(X)]' 

Next consider the velocity component normal to the chord, Vg • 

The vortex distribution to obtain a constant \^= o<e normal to 

the chord is 

Jf|fX)= 2Vc^'<i C^0\~] (58) 
where 

(59) 

Accounting for wing thicicness 

y('/X)— -2^ -dfy? cx^g C^(ri ̂  (60) 

Thus the pressure distribution due to both chordwise and normal flow 

becomes 

c«-e o<e[1+̂ ^^i(x)- GrC^)Co®.^Sg(K>y^/1 +fS,6*")]^7 

^ I+5^60) J (61) 

'' 1+ [5,a)f 
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Equation 6l can be improved near the leading edge by replacing the 

tax, (yf'yi/-r 
such that equation 6l becomes 

r Ctrl if S,(X) 7 

c,= j-
±^o<; ( (62)

/)+r5>«]'r ^ 
At the wing leading edge equation 62 can be written as 

r '+5-36^; 

(63) 

Equations 56, 57, 62 and 63 are the equations used to compute 

pressure coefficients in the wing regions 1, 3, 2 and U respectively, 

shown in Figure 13, page 27. It should be noted that equation 62 and 

63 were derived for the center section of the wing, and are used at 

the tip station as well by changing the sign of the sv;eep angle^ in 

the tip region. 

At this point all of the equations necessary to compute the 

v/ing pressiire distributions have been developed, except for expressions 

for the three functions S,{x), S^{x) and Sj(x). These functions can 

be approximated at fixed points along the chord by the sum of products 

of the section ordinates at the points and certain coefficients deter 

mined once and for all. The pressure coefficients are subsequently 

evaluated at the chord positions at vdiich these S-functions have been 

approximated. 

Dealing with the dimensionless airfoil coordinates X/^ and 
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Z" /t t 3iid computing the pressure coefficients at N1 locations along the 

chord, the new parameter is defined such that 

Cra = 2 - I (64) 

Equation 64 is then used to determine the values of X/c locations at 

which pressures are computed by setting 

for i = I to S/-1 (65) 

then 

(KXc)j = (66) 

and 

(zyc)_i = /■'[(■A'/i=)J (67) 
The three S-functions are then determined by 

M-l 
(68)s, l(Vc)f] = ^ 

^ (69) 
Al-I 

SjfCVcy = (70) 

for values of J from 1 to N-1. In addition, at the leading 

edge ( where J = N ) 

(71)5, ('vc =0) = 2. N ^ 
Ss('</': = 0)=' (72) 

In equations 68 to 72 the values for ̂ | , and are 

determined as follows: 

('I) -I 2, ej. 

for i J 
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>d, ej (74) 

for i = J 

= -^^') (75)
&J(Co^ eu- C<X By) 

for i 7^ J 

^3" (76) 

for i = J 

(a-7) 

AsU,7)= -1,a,J)*f- (77)
-<24^^{c0< - Ctt9. 

for i J 

for i = J 

As(N,j)^ h —h-z: (79)
N I +c<j< ^ 

Equations 6 through 79 constitute a complete set of equations 

necessary to compute the v;ing pressure distributions. In the solution 

of a particular problem the function describing the airfoil is developed, 

followed by the computation of the wing area and aspect ratio. Next 

the S-values and then the effective angle of attack are calculated. 

Finallj7 the pressure coefficients are computed and the results 

numerically integrated and plotted. 

It should be noted that this solution is purely incompressible, 

and that improved results could be obtained in subsonic compressible 

flows by applying the Gothert compressibility factor fis) • This 
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is simply done by nnltiplyin^ the aspect ratio and Z coordinates by 

the factor ̂  and then computing the pressure distributions as usual. 

The resulting pressure coefficients are then divided by for the 

final results. 

For this program, the differences between the wind tunnel model 

geometry and the geometry represented to the program are somewhat more 

than for the previous uwo pi-"ograms discussed. These differences con 

sist of no horizontal tail in the program representation, a cylindrical 

fuselage of infinite length, and no wing tip fairings for the program. 

Also, no model support system or wind tunnel walls are represented. 

A comparison of the wind tunnel model and the geometry used for this 

program are shovm in Figure 18. Although these differences would 

appear to be substantial, with the exception of the infinite fuselage, 

these are the same differences that exist for the other two programs. 

Since none of the data examined is closer to the fuselage than h.0% 

span, it is considered unlikely that the differences between the 

various computer configurations and the model geometry will affect 

the results. 
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Fig. 18 Comparison of Wind Tunnel and SVJPP-Code Aircraft Geometry 
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CHAPTER IV 

RESULTS OF COMPUTER ANALYSIS 

IV.1 Comparison of Computed and Experimental Results 

In this section, the pressure distributions as computed by-

each of the computer codes are examined and evaluated in terms of 

their agreement or disagreement with the wind t-unnel test results. 

Before examining these results, it is considered proper to ask whether 

the use of these experimental data to evaluate the performance of 

theoretical methods is valid. It could be argued that since none of 

the three programs examined a geometry that was in every way identical 

to the model tested, that the comparison is meaningless. Further, if 

the geometry were represented identically, it could still be argued 

that if a given program accurately solved the flow equations for a 

particular problem, then its results would be correct whether or not 

the experimental data agree. To avoid becoming involved in such a 

philosophical dialogue, no attempt is made to imply that the v;ind 

tunnel data is the "right answer", but merely to use this data as a 

yardstick for comparison of the computer results. 

Presented in Figure 19 is the data obtained for 0.5 Mach number, 

for which the flowfield should be totally subsonic. At this Mach 

number it can be seen that all three programs predict pressure 

distributions in general agreement with the wind tunnel results. The 
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match between both the FLOW-27 and the SViIPP-Code results sind the test 

data are especially good. Although the BOPPE-Code results closely 

follow the data, the peak pressure predicted is somewhat smaller than 

the test data indicates, and remains smaller over the forward 1+0% of 

the wing section. For all spanwise locations, as the aircraft angle 

of attack is increased, the overall load on the wings is increased, 

but the agreement between the computed and measured pressure distri 

butions is unaffected. Moving outboard along the span has little 

influence on the results when moving from 40 to 65% span. Moving 

further outboard to ̂ 0% span results in a decrease in the leading edge 

peak pressure and a greater variation between the three computer codes' 

results. This wider variation between the codes effectively brackets 

the experimental data, and reflects a slightly poorer performance by 

S:TPP-Code and FLGJ-27 and no change for the BOPPE-Code. 

Increasing the Mach number to 0.7, the flowfield experiences 

the onset of transonic flow with mixed regions of subsonic and super 

sonic conditions. At this Mach number it is not likely that large 

portions of the flow are supersonic, but some localized regions of 

supersonic flow may occur. Shown in Figure 20 is the pressure distri 

bution data for this Mach number. In general, the agreement with 

experimental data is good for all three programs at angles of attack 

below 8 degrees at all span stations. For these angles below 8 degrees, 

FLOW-27 best matches the test data, with both the SWP-Code and BOPPE-

Code predicting leading edge peak pressures below the measured vailues. 

At 8 degrees angle of attack the test data indicates the possible 
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formation of a shock wave near the leading edge at all spanwise 

stations# Both FLOW-27 and the BOPPE-Code predict leading edge shocks 

at these conditions, with the BOPPE-Code results most closely matching 

the experimental data. A shock stronger and further aft on the wing 

than that observed is predicted by FLOW-27. Although the SWP-Gode 

predicts no shocks, its pressure distribution is seen to agree with 

the experimental data at 8 degrees nearly as well as the FLOW-27 

results. This is coincidental in that the SIVPP-Gode is merely 

indicating the strong pressure gradient associated with subsonic flow 

over a wing, while FLOW-27 is predicting a shock wave which as 

mentioned is stronger and further aft than observed. As a result both 

programs differ from the experimental data, and by approximately the 

same amount. Moving outboard along the span at angles of attack of 

less than 8 degrees is seen to have little effect between 40 and 

span. At 90^ span a small reduction in the peak pressure is observed, 

and the BOPPE-Gode better predicts this peak than it did at more 

inboard locations. At 8 degrees angle of attack the effect of moving 

along the span is seen to be somewhat different. Moving outboard is 

seen to move the shock slightly forward and to produce a somewhat 

stronger gradient across the shock. These effects of span location as 

described are observed in both the computed and experimental results 

such that the spanwise location is not observed to have a large effect 

on the agreement between the various results. 

The final Mach number examined is 0.9. At this condition the 

flowfield experiences strong compressibility effects with large areas 
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of supersonic flov;, and strong shock waves. The pressure distribution 

data for 0.9 liach number is presented in Figure 21. It should be 

noted that due to computer time limitations neither the BOPPE-Code nor 

FLOVJ-27 were able to reach a solution at 8 degrees angle of attack at 

this Mach number. Because of this, only 0 and 4 degree data are 

presented in Figure 21. At this l-Iach number it can be seen that the 

incompressible flow program, SWPP-Code, fails to predict the measured 

pressure distribution at any angle of attack or spanv.dse station. 

The failure of the S¥PP-Code at these conditions is an expected resiilt 

in that the program, which is based on incompressible assumptions, is 

being used to evaluate a flow in which compressibility is a primary 

feature. The remaining two programs, FLOl'J-27 and BOPPE-Code, can be 

seen to predict pressure distributions in general agreement with the 

experimental results. However, the program FLOW-27 has considerable 

difficulty locating the shock wave on the wing. As can be seen, at 0 

degrees angle of attack FLOW-27 predicts the shock wave forward of the 

measured shock, while at 4 degrees the predicted shock is aft of that 

measured. Ln contrast to FLOW-27, the angle of attack is seen to have 

little effect on the performance of the BOPPE-Code at any span station. 

The BOPPE-Code is seen to consistently locate the shock wave more 

closely than FLOl^-27. The spanwise location on the wing is seen to 

significantly alter the location of the shock as measured experimentally. 

As can be seen, the further outboard on the wing, the further forward 

the shock is located. This forward movement of the shock is predicted 

by both FLOW-27 and BOPPE-Code, but the measured movement is greater 
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than predicted. As a resiilt, as spanwise station is increased, the 

shocks predicted by both FLOW-27 and BOPPE-Code become further away 

from the measured shock. 

In addition to these direct comparisons of pressure distri 

butions, these pressures can be integrated to obtain section lift and 

pitching moment coefficients. These integrations were performed 

graphically and are subject to the variations introduced by such a 

technique. This is particularly true for the experimental data 

consisting of widely spaced points and having only four points along 

the section lower surface. V/ith this in mind, the lift and pitching 

moment data are exa:ained as data supplemental to the pressure 

distribution data. Presented in Figure 22 is the comparison of the 

section lift characteristics. Figure 22a shows the Mach 0.5 data. 

It can be seen that at all spanwise stations the wind tunnel data are 

bracketed by the computer results, showing a general agreement between 

all the codes. Moving outboard along the span it is seen that the 

variation between the codes increases, with the BOPPE-Code showing 

consistently the best agreement. It is notable that Mach 0.5 is the 

condition at which the best agreement between predicted and measured 

pressure distributions is seen, and that the agreement is best for 

FLO'V-27 results. In these integrated results there is a significant 

difference seen between the FLOW-27 and measured results. This 

difference is considered to be due to the difficulty in integrating 

the wind tunnel data, and differences of this magnitude are likely to 

be seen in all integrated results presented. Figure 22b shows the 
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lift data at l-Iach 0.7» Here again good agreement is seen for a11 

computer codes at all span stations, vd-th some variation seen in the 

SWPP-Code results at 90$o span. For all techniques, a slight decrease 

in lift slope is seen as wing span location is increased. This loss 

in lift slope corresponds to the reduction in peak pressure observed 

in Figure 20 under similar conditions. At Mach 0.9, Figure 22c, a 

wide variation in lift data is seen. As noted earlier, at this Mach 

number the 3',,TP-Code resiilts do not predict reasonable pressure 

distributions, such that any agreement with its lift data at this 

condition is only coincidental. As can be seen the BOPPE-Gode closely 

matches the experimental results at all span stations, while the 

FL0V.'-27 results are consistently higher than the test results. This 

is due to the shock wave being too far aft at 4 degrees angle of 

attack for FLOM-27, and therefore a higher section lift coefficient 

is obtained. Also observed at this Mach number is the reduction in 

lift slope as the wing span location moves nearer the wing tip. This 

results from the shock wave moving forward near the tip as shown in 

Figure 21. 

The pitching moment coefficient computed about the section 

leading edge is presented in Figure 23. As can be seen in Figure 23a 

at i-Iach 0.5 good agreement with the test data at all span stations is 

seen for FLOM-27 and the BOPPE-Gode, while the SITP-Gode shows poorer 

agreement near the tip. At Mach 0.7, Figure 23b, the match between 

experimental and computed pitching moments is still good at all span 

stations for FIXi'.7-27 and BOPPE-Gode, while the SVTP-Gode results are 
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good near mid-span but vaiy from the other computer codes and from test 

results near the tip. At this Mach number there is a greater varia 

tion in the results from all methods near the tip. In Figure 23c the 

Mach 0.9 pitching moments are presented. At this Mach number any 

agreement between the SV/PP-Code and experimental pitching moments is 

considered coincidental due to the failure of the SbTP-Code to accurately 

predict the pressure distribution at this condition. As can be seen 

the EOPPE-Code gives good results at all spanwise stations, while the 

FLO/J-27 results are too high on the inboard wing sections and become 

better near the wing tip. This is again the result of FLOW-27 predict 

ing the shock further aft than experimentally observed. 

IV.2 Comparison of Computer Resource Requirements 

In discussing the computer resources used by each program, 

two parameters are considered of primary interest. These parameters 

are the amount of core memory required to execute the program, and 

the CPU time required to compute a single case( one angle of attack 

at one Mach nmber ). The computer used for this investigation is the 

AEDC IBM-370, and the computer resources described are for that machine. 

Presented in Figure 24 is a comparison of the computer core memory 

required for each prograra. The memory required is a fixed value for 

each program, and not dependent on the details of the particular 

problem being solved. As can be seen the SkVPP-Code requires less than 

one third the core needed by the BOPPE-Code, and only one fourth that 
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required by FL0'i-27» Even more impressive is the CPU time requirements 

for these three programs presented in Figure 25. Here the details of 

the particular problem are a factor, the time required varying with 

angle of attack, I-Iach number and aircraft geometry. As can be seen the 

BOPPE-Code is relatively insensitive to angle of attack and Mach 

nmaber, requiring a great deal of time for all conditions. The FLOW-27 

time requirements are more moderate than the BOPPE-Code at low I4ach 

nvimber, but are seen to grow with both increasing angle of attack and 

Mach number. In contrast, the SV/PP-Code is insensitive to either Mach 

number or angle of attack, and can require from one tenth to one 

hundredth of the time required for the other programs even at low Mach 

number. Two additional points should be made concerning the data in 

Figure 25. First, for a given aircraft geometry, the SV/PP-Code is 

capable of solving more than a single case in a single computer run. 

By processing man;;'- cases in a single run, the time required per case 

can be reduced much further. If the nine Mach number, angle of attack 

combinations examined in this study had been computed in a single run, 

the CPU time per case would have been approximately one ninth that 

shovm in Figure 25. The second point to be made is that at Mach 0.9 

at 8 degrees angle of attack, both FLOW-27 and the BOPPE-Code ran out 

of time at one hour of CPU time without reaching a solution. The 

point plotted in this case was v;here the programs stopped. 
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CHAPTER V 

RESULTS AND CONCLUSIONS 

A generalized transonic aircraft configuration v;as evaluated 

using three computer programs to predict the \ving pressure distribu 

tions, and the results from these prograias were compared with experi 

mental results from a wind t-unnel. Two of the programs were "off the 

shelf" numerical solutions representing the highly sophisticated 

programs currently available (FLO'i-27 and BOPPE-Code). The third was 

a purely subsonic incompressible technique, the program for which was 

written for this investigation (SV/PP-Code). Using the wind tunnel 

data as a basis for comparing the programs, the folloxiring observations 

v;ere made. 

1. At low Mach nunbers all three prograras predict pressure 

distributions in agreement with experimental results. 

2. The aircraft angle of attack has little effect on the 

agreement betv;een computed and measured pressures at low l-Iach number. 

3. For conditions where no shock waves were present, the 

effect of spanwise location was small, affecting only the peak 

pressure near the vfing tip, and not significantly affecting the match 

^■dth experimental results. 

4» At high Mach numbers the Si-JPF-Code fails to predict 

pressure distributions in agreement with test data. 

5. Both FLOW-27 and BOPPE-Code predict shocks at high Mach 



numbers, with the BOPPE-Code more accurately locating these shocks. 

6. At high I-Iach nvunber, spanv;ise location affected the shock 

location, resulting in better agreement betvjeen confuted and measured 

values awa;^^ from the wing tip. 

7. The lift and pitching moments did not agree in eveiy 

respect with observations made of the pressure distributions, but in 

general these data supported the findings based on these pressure 

distributions. 

8. The SVJPP-Code uses dramatically less computer resources 

than either of the other codes examined. 

It can be concluded that before using any of these programs or 

other similar programs for a particular problem, close consideration 

should be given to the details of the problem. If the problem is such 

that the SITPP-Code or similar specialized codes can be used, large 

savings in computer resources can be made without compromising the 

results obtained. Similarly, the details of the problem may require 

a more general or more sophisticated program to obtain adequate 

results. In either event, a well thought out program selection can 

prevent the use of a program that is either too simplistic or too 

sophisticated for the problem at hand, and result in savings of both 

computer resoiirces and the time of the investigator. 
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APPENDIX 



 

 

PROGRAM INPUTS REQUIRED FOR SWPP-CODE 

NAI^IE FORMAT DESCRIPTION 

KXY 110 Number of (X,Y) points defining airfoil section. 

X/C SFIO.O UXY-points along chord, X/C. 

Z/C SFIO.O lilXY-points along chord, Z/G. 

RLE FIO.O Leading edge radius/C. 

THSTA , FIO.O Trailing edge half angle, deg. 

H 110 Number of interpolation stations to use to improve 

airfoil fit (usually three). 

N 110 Number of points along chord to calculate Cps. 

SP FIO.O Ming semi-span, consistent units. 

T/C FIO.O Airfoil thickness ratio, t/C. 

NBRK FIO.O Number of stations along span at which wing sweep 

changes including center and tip. 

ALE X-coordinate of wing leading edge and trailing edge 

TE 3F10.0 in consistent units and fraction span at stations 

YBREAK where wing sweep changes. NBRK cards. 

RBODY FIO.O Body radius, in consistent units. 

ALGEO FIO.O Geometric angle of attack, deg. 

NSP 110 Number of span stations for Op calculations. 

ETA SFIO.O. Span stations for Op calculations, fraction of span. 

CL SFIO.O Estimated section lift coefficients, NSP values. 
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THIS PROGRAM ENTITLED THE SUBSONIC WING PRESSURE 
PREDICTION CODE (SWPP-CODE)# COMPUTES THE PRESSURE 
DISTRIBUTIONS ON ISOLATED WING AND WING BODY 
COMBINATIONS. THE PROGRAM CONSISTS OF A MAIN 
PROGRAM AND A SERIES OF SUBROUTINES. ALL 
INPUT AND OUTPUT AS WELL AS SOME LIMITED 
COMPUTING IS DONE IN THE MAIN PROGRAM. WHILE 
MOST OF THE COMPUTING AND SPECIAL OPERATIONS ARE 
PERFORMED IN THE SUBROUTINES. 

dimension X(50)»Y{50).FI5).T1(10).T2(10) 
DIMENSION SSI(50.50).SS2(50.50).SS3(50.50).SI(50) 
* .S2(50).S3(50) 

DIMENSION ALE(6).TE(6).ETA(10).CL(10).YBREAK{6) 
DIMENSION ALPHE{10).PHIE(10).CPU(50).CPL(50) 
DIMENSION XARY(50.2).YARY(50.2) 
DATA SSI.SS2.SS3.Sl.S2.S3/7650*0.0/ 
IFLAG»0 

C 

C INPUT AIRFOIL GEOMETRY. 
C 

READ(5.1) NXY 
1 F0RMAT(8I10) 

READ(5.2) (X(I).I«1.NXY) 
READ(5.2) (Y(I).Is1,nXY) 

2 FORMAT(8F10.0) 

WRITE{6.30) (X(I).Y(I).I=1.NXY) 
30 FORMAT!IHl.lOX.'AIRFQIL COORDINATES'.//.5X.•X/C•. 

* lOX.'Z/C'./. 

* 50(3X.2F1C.5./)) 

READ(5.2) RLE.THETA 

WRITE(6.32) RLE.THETA 

32 FORMAT!///.5X.'LEADING EDGE RADIUS/C « '.FIO.S.// 
* »5X. 

« 'TRAILING EDGE ANGLE « '.F10.5.' DEG.'.//) 
C 

C COMPUTE THE COEFFICIENTS DEFINING THE AIRFOIL, 
C 

CALL COEF(NXY.X.Y.RLE.THETA.F) 
WRITE(6.3) F 

3 FORMAT!1H1.5X.'FO TO F4 «'.5F13.5./) 
C 

C INPUT THE NUMBER OF INTERPOLATION STATIONS. AND 
C SELECT THE SPECIFIC STATIONS. 

C 

READ!5.1) NP 

CALL STATIO !NP.Tl.T2.NXY.X.Y) 
WRITE(6.7) 
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7 FORMAT(//»12X»'X/C•»lOX»'Z/C•f1IXt•ZA•.11X»•21•# 
* 7X»«Z/C-ZA«» 

* 7X»'Z/C-Zl*I/) 

C 

C A COMPARISON BETWEEN INTERPOLATED AND NON-
C INTERPOLATED AIRFOIL COORDINATES IS MADE AND THE 
C RESULTS PRINTED. 

C 

DO 4 I«1»NXY 

Z=ZA(F»X(I)) 

CALL INTERP(NXY.X#Y»Tl»T2fNP»F»X(I)iZP) 
DEL1«Y(I)-Z 

DEL2«Y(I)-ZP 

WRITE(6»5) X(I )»Y( I)»ZfZP»DELl»DEL2 
FORMAT!5Xt6F13.5) 

ALL REMAINING VARIABLES ARE INPUT. THESE INCLUDE 
WING SPAN AND THICXNESS RATIO* PLANFORM*BODY 
RADIUS AND GEOMETRIC ANGLE OF ATTACX* AS WELL AS 
THE SPAN STATIONS OF INTEREST* ESTIMATED LIFT 
COEFFICIENTS AND THE NUMBER OF POINTS ALONG 
THE CHORD AT WHICH TO COMiPUTE PRESSURE COEFFICIENTS. 

READ!5*1) NPT 

READ!5*2) SP*TC 

READ!5*1) NBRX 

DO 13 Iel*NBR< 

13 READ!5*2) ALE!I)*TE!I)*YBREAX!I) 
READ!5*2) RBOD 

READ!5*2) ALGEO 

RtAD!5*l) NSP 

READ!5*2) !ETA!I)* I=1*NSP) 
READ!5*2) !CL!I)*I-1*NSP) 

C 

C WING AREA AND ASPECT RATIO ARE COMPUTED AND PRINTED. 
C 

AREA»0.0 

LsNBRX-1 

DO 14 I»1*L 

J«I-H 

14 AREA»AREA+0.5*!TE!I)-ALE!I)4TE!J)-ALE!J))# 
* !YBREAX!J)-YBREAK!I))*SP 
AR«2.0*SP*SP/AREA 
WRITE!6*31) 

31 FORMAT!IHl*15X*'WING PLANFORM•*//) 
WRITE!6*33) SP*TC 

33 FORMAT!/*5X*•WING SEMI-SPAN * •*6X*F10.4*//♦5X* 
« 'WING THICKNESS RATIO » '»F10.4»/) 

WRITE!6*34) AREA*AR 
34 FORMAT!/*5X*'WING AREA ■ '*11X*F10.4*//*5X* 
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* "ASPECT RATIO « •t8X,F10.4»/) 
WRITE(6f35) (ALE{I).TE(I).YBREAKII)fI=1»NBRK) 

35 FORMAT(//»5Xf"X-LEADING EDGE X-TRAILING EDGE" 
* " ETA-BREAK"» 

* //f50(9X»F10.4flOX»F10.4,5X»F10.4./)♦/) 
WRITE{6»36) RBOD 

36 F0RMAT(//»5X»»B0DY RADIUS ="»F10.4) 
K»NPT-1 

C 
C THE S PARAMETERS ARE COMPUTED AND PRINTED AS AN 
C INTERMEDIATE STEP. 
C 

CALL SCALlNPTiSSl»SS2»SS3) 
CALL OUTT{NPT»NPT»SS1»40H SSI 

* KfNPT) 
CALL OUTT(NPT.NPT»SS2.40H SS2 

* K»K) 
CALL OUTTINPT.NPT»SS3»40H SS3 

* NPT.NPT) 
CALL CAPS{NPT»SS1»SS2.SS3»S1»S2»S3»NXY.X»Y.NP.T1» 

* T2»F»RLEf1.0) 
CALL 0UTT(NPT»1.S1.AOH SI 

* NPT.l) 
CALL OUTT(NPT.1»S2»40H S2 

* K»l) 
CALL OUTT(NPT,1.S3»40H S3 

* NPT.l) 
24 IF{IFLAG.EQ.O) GO TO 25 
C 
C FOR additional CASES INVOLVING THE SAME AIRCRAFT* 
C NEW INPUTS ARE MADE. 
C 

READ(5»2»END«999) ALGEO 
READ(5»1) NSP 
READ(5»2) (ETA(I).I«1.NSP) 
READ(5.2) (CLI I).1»1»NSP) 

25 DO 9 I«1.NSP 
ETB»ETA(I) 
CN»CL(I) 
CO»CLOC(ALE»TE»YBREAK.ETB) 
M«NPT/2 
PHC«PHC2(ALE»TE.YBREAK.ETB»SP»M»NPT) 

C 
C AT EACH SPANWISE STATION THE EFFECTIVE ANGLE OF 
C ATTACK AND LOCAL WING SWEEP ANGLES ARE COMPUTED. 
C 

CALL INCID(PHC.SP.ETB.CN.TC.AE.PHI»AR.CO) 
ALPHE(I)«AE 
A*ATAN( (1.+{RB0D*RB0D)/(SP*SP*ETA(I)*ETA(I) ) )* 

* TAN(ALGEO* 
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* 3.1415926/180.0)) 

DA=A-AL6E0*3.1415926/180.0 

ALPHE(1)=ALPHE(I)+DA 

9 PH1E(I)=PHI 

DO 11 I-l.NSP 

AE=ALPHE(I) 

PHI»PHIE{I) 
ETB=ETA(I) 

C 

C PRESSURE DISTRIBUTIONS ARE COMPUTED AT EACH 

C SPANWISE STATION. 

C 

CALL PRESS(AE,PHI»KPT.Sl»S2»S3»RLEfCO,SP»ETB»CPU» 

* CPL. 

* ALE.TE.YBREAK) 

AE=AE*180.0/3.1415926 

WRITE{6»16) AE.ETB 

16 FORMAT(IMI.IOX.'EFFECTIVE ANGLE OF ATTACK « '» 

*F10.4»//»11X» 

* 'SPANWISE STATION « •»F10.4»///»8X»•STATION'8X, 

*'X/C »5X»'CP-UPPER' 

* .5X»'CP-L0wER'»5X»'DELTA-CP'»/) 

C 

C PRESSURE DISTRIBUTIONS ARE NUMERICALLY 

C INTEGRATED TO GIVE LIFT AND PITCHING MOMENT. 

C 

CN=CL(I) 

SUM=0.0 

SUM2»0.0 

SUM3=0.0 

XL=0.0 

DO 17 J«1.NPT 

H=XL 

L=NPT-J-H 

XLs(COS(FLOAT(L)*3.1415926/FL0AT(NPT))+1.0)/2.0 

XARY(L»1)=XL 

XARY(L»2)=XL 

YARY(L»1)=CPU(L) 

YARY(L»2)=CPL(L) 

XLA»(H+XL)/2.0 

K=L-1 

XLB«(C0S(FL0AT(K)*3.1415926/FL0AT(NPT))+1.0)/2.0 

XLB=(XLB+XL)/2.0 

DCP«CPL{L)-CPU(L) 

DX=XLB-XLA 

SUM=SUM+DCP*DX 

SUM2»SUM2-DCP*(XL-0.25)*DX 

if(l.eq.npt) go to 17 
SUM3«SUM3+CPU(L)*D2(F»XL)«DX-CPL(L)*DZ(F.XL)*DX 
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c PRESSURE DISTRIBUTIONS AND INTEGRATED 
C COEFFICIENTS ARE PRINTED. 
C 

17 WRlTE(6fl2) J#XL»CPU(L)tCPLCL)»DCP 
12 FORMAT{5X.I10»1X,4F12.5) 

WRITE(6»6) ALGEOtSUM 
6 FORMAT(//»10X,'FOR A GEOMETRIC ANGLE OF ATTACK OF' 

* fFs.a.' the in 
*TEGRATED NORMAL FORCE COEFFICIENT IS '.F8.5./) 
IF(ETB.NE.0.0) GO TO 20 
ALIFT«SUM*COSIALGE0*3.1A15926/180.)-SUM3« 
* SIN(ALGEO*3.1A15926/180.) 
DRAGS SUK«SIN(ALGE0*3.1415926/180.)+SUM3* 
* C0S{ALGE0*3.1415926/160.) 
GO TO 21 

20 ALIFT»SUM/COS{ALGE0*3.1415926/180.0) 
DRAG»0.0 

SUM3=0.0 
21 XCPxO,25-SUiV|2/SUM 

wRITE(6f22) ALlFTt DRAG»SUM2»XCP»SUM3 
22 F0RMAT(/»5X,'LIFT ='.F7,4,5X,»DRAG ='.F7.4,5X. 

* 'CM s'.F7.4»5X, 
« 'X-CP s•»F7.4»5X,'CT »'»F7.4) 

C 

C PRESSURE DISTRIBUTIONS ARE THEN PLOTTED ON THE 
C LINE-PRINTER. 
C 

CALL PLOT(XARY»YARY»0.0»1.0t1.0»—3.0fNPT»2) 
11 CONTINUE 

IFLAGsI 
C 

C THE PROGRAM THEN RETURNS TO THE INPUT SECTlOi^ 
C FOR ADDITIONAL CASES USING THE SAME AIRCRAFT 
C GEOMETRY. 
C 

GO TO 24 

999 CONTINUE 

STOP 

END 

^ SUBROUTINE COEFtNXY»X.Y»RLE.THETA»F) 
C THIS ROUTINE COMPUTES THE 5 COEFFICIENTS 
C DESCRIBING THE AIRFOIL. 
C 

DIMENSION AI5»5).X(NXY)tYINXY)tF(5)tS(5) 
PI-3.1415926 
LsIMAX(Y»NXY) 
S(1)«(2.0*RLE)*«0.5 
S(2)* Y(NXY) 

S(3)s0.0 
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S(4)=Y(L) 

S{5)=-TAN(ThETA*PI/360.0) 

CALL SETUP(A»X»L»NXY) 

SUBROUTINE VERT IS THE ONLY ROUTINE USED FROM 
A SYSTEM library* AND IS USED TO INVERT THE 
MATRIX A. 

CALL VERT15.5,A»NFLAG) 

CALL MULT(A»S»F) 
RETURN 

END 

SUBROUTINE INTERP(NXY»X»Y.T1tT2♦NPTStF.XI*2P) 
C 
C THIS ROUTINE COMPUTES THE INTERPOLATED AIRFOIL 
C COORDINATES. 
C 

DIMENSION X(NXY)»Y(NXY).TKNPTS).T2(NPTS).F{5)» 
* AL(10) 

L=IMAX(Y.NXY) 
XM=X(L) 
Z1=ZA(F.X1) 
IF(Xl.GT.XM) GO TO 11 
CALL C0REC(T1»AL.NPTS»X1»XM) 
J=1 
X=IMAX(Y.NXY) 
SUMsO.O 
DO 13 I»1.NPTS 
DO 14 
IF(X(JJ).NE.Tl(I) ) GO TO 14 
SUM=SUM+AL(I)*(Y(JJ)-ZA(P.X(JJ))) 

14 CONTINUE 
13 CONTINUE 

GO TO 12 
11 CALL C0REC(T2,AL.NPTS.X1.XM) 

J=IMAX(Y.NXY)+1 
K = NXY 
SUM-0.0 
DO 15 I-l.NPTS 
DO 16 JJsJ.K 
IF(X(JJ).NE.T2(I)) GO TO 16 
SUM«SUM+AL(I)«(Y(JJ)-ZA(F.X<JJ) ) ) 

16 CONTINUE 
15 CONTINUE 
12 ZPsZl+SUM 

RETURN 
END 
SUBROUTINE MULT(A.S.F) 

C 
C THIS ROUTINE MULTIPLIES A 5 BY 5 MATRIX BY A 
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C 5 BY 1 MATRIX AND RETURNS THE RESULTING PRODUCT 
C MATRIX. 

C 

DIMENSION A(5»5).S(5)»F(5) 
DO 1 I=l»5 

SUMaO.O 

DO 2 J=l»5 

2 SUM«SUM+A(IfJ)*S(J) 

1 F(I)sSUM 

RETURN 

END 

FUNCTION OZ(FfX) 

THIS ROUTINE EVALUATES THE AIRFOIL SLOPE AT ANY 
POINT BASED ON THE NON-1inTERPOLATED AIRFOIL 
SHAPE FUNCTION. 

DIMENSION F(5) 
DZ=0,5*Fa)/(X**0,5)+F(2)+2.0*F{3)*X+3.0*F{A)*x#x 

* +4.0*F|5)«X*X«X 

RETURN 

END 

FUNCTION IMAXIZ.N) 

C 

C THIS ROUTINE DETERMINES THE POINT OF MAXIMUM 
C THICKNESS ON THE AIRFOIL. 

C 

DIMENSION Z{N) 

IMAX»1 

A=Z(1) 

DO 1 I»2iN 

IF(Z(I).LE.A) GO TO 1 

A=Z( I) 

IMAX=I 

1 CONTINUE 

RETURN 

END 

SUBROUTINE SETUP(A.X»L»N) 

THIS ROUTINE SETS UP THE COEFFICIENT MATRIX USED 
IN SOLVING FOR THE CONSTANTS DEFINING THE 
AIRFOIL SHAPE. 

DIMENSION A(5»5)»X(N) 

A(l»l)sl.O 

A(l*2)s0.0 

A(l*3)s0.0 
A(l«4)e0.0 

A(1»5)>0.0 

A(2*l)<1.0 
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C 

c 

c 

3 

4 

1 

C 

C 

c 

c 

A(2t2}-1.0 

A(2*3)«1.0 

AC 2f4)>1.0 

AC 2f5)«1.0 

AC 3il)a0.5/CXCL)**0.5) 
AC 3.2)»1«0 

AC 3»3)=XCL)*2,0 

AC 3»A)»3.0*XCL)**2«0 

AC 3»5)=4.0«XCL)**3.0 

ACA»1)=XCL)**0.5 
ACAt2)«XCL) 

AC A»3)=XCL)**2«0 

AC4f4)«XCL)**3«0 

AC4,5)=XCL)**4.0 

AC5*1)>0«3 

AC 3*2)>1«0 

AC 5»3)'2«0 
AC 3t4)s3«0 

AC 5t5)«4*0 

RETURN 

END 

SUBROUTINE CORECCA#C»N»XtXM) 

THIS ROUTINE COMPUTES THE L-VALUES USED TO 
INTERPOLATE THE AIRFOIL COORDINATES. 

DIMENSION ACN)tCCN) 
DO 1 J«1»N 

PROD«1.0 

DIM=1.0 

DO 2 I«1»N 

IFCI.EQ.J) GO TO 2 

PRODsPROD*CX-ACI)) 

DIM»DIM*CACJ)-ACI)) 

CONTINUE 

IFCX.GT.XM) GO TO 3 

CCJ)»X*PROD/CDIM*ACJ)) 
GO TO 4 

CCJ)«C C1.0-X)/C1.0-ACJ)))**2.0*PROD/DIM 
CC J)eCCJ)*CAasCX-XM))**2.0/CABSCACJ)-XM)*«2.0) 

CONTINUE 

RETURN 

END 

FUNCTION ZACF.X) 

THIS ROUTINE COMPUTES THE AIRFOIL COORDINATES 

PRIOR TO INTERPOLATION. 

DIMENSION FC5) 

2A»FC1)*X**0.5 
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DO 1 J=2.5 

1 2A«ZA+F(J)*X**(FLOAT(J-1)) 
RETURN 

END 

SUBROUTINE SCAL(NPT»S1»S2»S3) 
C 

C THIS ROUTINE COMPUTES THE SMALL S PARAMETERS. 
C 

DIMENSION SKNPTtNPT)»S2(NPT»NPT)fS3lNPT»NPT) 
DO 1 1=1.NPT 

THI=FL0AT(I)*3.1A15926/ FLOAT(NPT) 
DO 2 J=1.NPT 

THJ=FL0AT(J)*3«1A15926/FL0AT(NPT) 
A=1.0 

8=1.0 

IF(({I-J)/2)*2.NE.(I-J)) A—1.0 
IF((J/2)*2.NE.J) B—1.0 
IF(l.EO.J) GO TO 3 

IFd.EQ.NPT) 60 TO 5 

Sl(I.J)=(A-1.0)*2.0«SIN(THI)/{FLOAT(NPTJ«ABS 
•(COSITHI)-COS(THJ)) 

X •*2.0) 

5 IF{(I.EQ.NPT).OR.{J.EQ.NPT)) 60 TO 6 

S2<I»J)=-2.0*A*SIN(THI)/(SIN(THJ)•(COS(THI)-
• CCS(THJ))) 

6 IF(I.EQ.NPT) 30 TO 4 

S3{I»J)=S1(I»J)+(2.0-2.C*A)/(FLOAT!NPT)•SIN(THI)• 
•(COS(THI)-

X COS(THJ)) ) 

60 TO 4 

3 IF(I,EQ.NPT) 60 TO 7 

SI(I»J)«FL0AT(NPT)/SIN(THJ) 
S2(I♦J)«C0S(THJ)/(SIN(THJ)«*2.0) 

7 S3(I»J)«S1(I.J) 
4 IF( (J.EQ.NPT).AND.(I.EQ.NPT) ) 60 TO 2 

IF(I.EQ.NPT) S3(I.J)«(B-1.0)/(FLOAT(NPT)*(1.0+ 
• COS(THJ)) ) 

2 CONTINUE 
1 CONTINUE 

RETURN 
END 
SUBROUTINE CAPS(NPT»SS1»SS2.SS3.SI»S2.S3»NXY.X»Y» 

• NP.T1.T2.F.RLE.C) 
C 
C THIS ROUTINE COMPUTES THE CAPITAL S PARAMETERS. 
C 

DIMENSION SSKNPT.NPT) .SS2 (NPT .NPT) .SS3 ( NPT .NPT ) . 
• SKNPT) .S2(NPT) . 
• S3(NPT).X(NXY).Y(NXY).T1(NP).T2(NP).F(5) 

DO 6 1 = 1.NPT 
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AX=0.5*(costFLOAT(I)*3.1A15926/FLCAT(NPT))-H#0) 
NK1=NPT-1 

SUM1«0.0 

SUM2»0.0 

SUM3««0«0 

00 7 J=1»NM1 

BX=0.5*(COS<FLOAT(J)*3.1415926/FL0AT(NPT))+l.O) 

CALL INTERP(NXY»X#Y#T1»T2»NP»F»BX.ZM) 
SUM1»SUM14SS1(J»I)*ZM 

SUM2=SUM2+SS2(J»n•ZM 

7 SUM3=SUM3+SS3{J»n*ZM 

SI(I)»suy,i 

S2(I)»SUM2 

S3{I )=SUM3+SS3(NPT »I)*(RLE*0«5 )**0.5 
IF(1.NE.NPT) go to 6 

SI(I)»SUK1+2.0«FLOAT(NPT)*(RLE*0.5 )**0*5 
S3(I)«SUM3+FLOAT{NPT)*(RLE*0.5/C)«*0«5 

6 CONTINUE 

RETURN 

END 

SUBROUTINE OUTT(N»M»A»L»K1tX2) 

C 

C THIS ROUTINE OUTPUTS THE COMPUTED S VALUES. 
C 

DIMENSION A(N»M)»L(10) 

XA=1 

8 ICB=KA+24 

IF(KB.GT.K.l) KB«K1 

ICC»1 

5 XDsXC+9 

IF(KD.GT.X2) KD«K2 
WRITE(6.4) L 

WRITE(6f9) (I»I«XC»KD) 

DO 1 II=KA.KB 

WRITE(6f2) Ilf(Ad I*J).J'KCfKD) 

1 WRITE(6»3) 

IF(KD.EQ.K2) GO TO 6 

KC«KD+1 

GO TO 5 

6 IFCKB.EQ.Xl) GO TO 7 
KA=KB-fl 

GO TO 8 

7 RETURN 

A FORMATCIHl.5Xi10A4./) 

9 F0RMAT(5X.10(18.4X)./) 

2 FORMAT(1X»IA»1X.10F12.6) 
3 FORMATdH ) 

END 

FUNCTION ALAM(YC»YT) 
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C THIS FUNCTION COMPUTES THE PARAMETER LAMDA. 

C 

ALAM=1.4+1.33*YC-(0.16+7.3*YC)**0.5 
RETURN 

END 

SUBROUTINE INCID(PHC.SP»ETA»CL»TC»AE#PHI»ARiCLOCAL) 
C 

C THIS'ROUTINE COMPUTES THE EFFECTIVE ANGLE OF ATTACK. 
C 

YO=ETA*SP/CLOCAL 
YT={1.0-ETA)*SP/CLOCAL 

A0=2.0*3.1415926*11.0+0.8*TC/COS(PHC)) 
B=AO*COS(PHC)/(3.1415926*AR) 

PHI»PHC/(1.0+0*8)**0.25 

ANO=3.5*I1.0-2.0*PHI*ALAM(YO»YT)/3.1415926) 

Ds4.0*(1.0+2.0*ABS(PHI)/3.1415926) 

D=1.0/D 
B=AO*COS(PHI)/(3.1415926*AR) 

DE=2.0*(1.0+B*B)**D 

AN=1.0-I1.0+2.0*PHI*ALAM{Y0»YT)/3.1415926)/DE 
A=1.0-3.1415926*AN*(COTAN(3.l4l5926*AN)-

* COTAN{3.1415926*ANO)) 

AE=A*CL*SIN(3.1415926*ANO)/{4.0*3.1415926*AN* 

* COSIPHI)) 

RETURN 

END 

SUBROUTINE STATIO (N.T1fT2.M»X,Y) 

C 

C THIS ROUTINE SELECTS v^HlCh STATIONS .-.ILL BE USED 
C FOR INTERPOLATION PURPOSE. 

C 

DIMENSION Til\)»T2(N)»X(M).YCM) 
lelMAXfY|M) 

L=I/N 

IFIL.EO.O) L«1 

J=L/2-L+l 

DO 1 K«1»N 

J«J+L 

1 T1(K)«X(J) 
L«(M-I)/N 

IF(L.EO.O) L«1 

J=I+L/2-L+l 

DO 2 K-l.N 

J*J+L 

2 T2(K)«X(J) 
WRITE(6«3) 

3 F0RMAT(/»5X.«INTERPOLATION STATIONS•»/.lOX.•X/C•) 
WRITE(6»4) T1»T2 

4 F0RMAT(7XfF6.4) 

RETURN 
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END 

SUBROUTINE PRESS(AEtPH»NPT»S1♦S2iS3»RLE»C»S»ETA# 
* CPU#CPL» 
* ALE»TE.YBRIC) 

C 
C THIS ROUTINE COMPUTES THE WING PRESSURE 
C DISTRIBUTION. 
C 

DIMENSION ALE(6)#TE(6).YBRKIb) 
DIMENSION SllNPT)»S2(NPT)#S3(NPT)»CPU(NPT)»CPL(NPT) 
SA=SIN(AE) 
CA=COS(AE) 
AN=0.5-PH/3.1415926 
A«PH 
Y«ETA*S 
IF(Y/C.LE.0.5) GO TO 3 
DO 1 I=1»NPT 
PH»PHC2(ALE#TE#YBRK»ETA#S»I »NPT) 
SP«SIN(PH) 
CP=COS(PH) 
Xb{C0S{3.1415926*FL0AT(I)/FLOAT(NPT) )+1.0)/2.0 
IFd.EG.NPT) GO TO 2 
T1=CA*(CP+S1(I)) 
T2»( SA*( l.O/X-1,0) **0.5)*(1.0+S3( D/CP) 
T3=1.0+S2(I)*S2{I)/(CP*CP) 
CPU(I )=1.0-CA«CA*SP*SP-(T1+T2)*(T1+T2)/T3 
CPL(I)=1.0-CA*CA*SP*SP-(T1-T2)*(T1-T2)/T3 
GO TO 1 

2 T1=SA*(1.0+S3(I)/CP) 
T2=( (RLE/ 2.0 )**0.5)/CP 
CPU( I)=1.0-CA*CA«SP*SP-(T1/T2)*(T1/T2) 
CPL( I)=CPU(I) 

1 CONTINUE 
PH»A 
RETURN 

3 DO 4 I=1»NPT 
PH=PHC2(ALE.TE»YBRK»ETA»S.I.NPT) 
SP«SIN(PH) 
CP«COS(PH) 
FP»ALOG( (1.0+SIN(PH) )/(1.0-SIN(PH)))/3.1415926 
X«(COS(3.1415926*FL0AT(I)/FLOAT(NPT))4l.0)/2.0 
IF( I .E(3.NPT) GO TO 5 
Tl=(1.0+CP*S1(I))/{ (1.0+S2{I)*S2(I) )**0.5) 
T2«FP*CP*S2(I)/(1.0+S2(I)*S2(I) ) 
T3«SA*CP*(1.0/X-1.0)««AN 
T4=(1.0+S3(I) )/( (1.0+S2(I)*S2(I) )**AN) 
CPU( I)=1.0-( (T1-T2)*CA+T3*T4)*((T1-T2)*CA+T3*T4) 
CPL(I)«1.0-( (T1-T2)*CA-T3*T4)*((T1-T2)*CA-T3*T4) 
GO TO 4 

5 Tl«(1.0+S3(I) )/((RLE/ 2.0 )**AN) 
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CPU(I)=1.0-SA*SA*CP*CP*T1*T1 

CPL(I)=CPU(I) 

4 CONTINUE 

PH=A 

RETURN 

END 

FUNCTION CLOC(A#T.Y,E) 

C 

C THIS ROuTIiNE COMPUTES ThE LOCAL WING CHORD. 

C 

DIMENSION AI6).Y{6).Tib) 

DO 1 1=1,5 

L=I+1 

IF(E.GT.Y(L)) GO TO 1 

J=I 

GO TO 2 

1 CONTINUE 

2 PCT«(E-Y(J))/(Y(L)-Y(J)) 

DC=T{L)-A(L)-T(JJ+A(J) 

CLOC=T(J)-A{J)+DC*PCT 

RETURN 

END 

FUNCTION PHC2(A,T,Y,E,SP»K,NPTJ 

C 

C THIS ROUTINE COMPUTES THE SWEEP ANGLE OF THE 

C 50-PERCENT CHORD LINE. 

C 

DIMENSION A(6),T(6),Y(6) 

X={C0S{FL0ATIK)*3.1415926/FLOAT(NPT))+1.0)/2.G 
DO 1 I=2»6 

L«I 

IF(Y(I).GT.E) GO TO 2 

1 CONTINUE 

2 J=L-1 

PHC2=X*(TIL)-A{L))+A(L)-X#(T(J)-A(J))-A(J) 

PHC2=PHC2/((Y(L)-Y(J))*SP) 

PHC2»ATAN(PHC2) 

RETURN 

END 

SUBROUTINE PLOT(X» Y,XMIN » XMAX,YMMN,YMMX » M,N) 

C 

C THIS ROUTINE PLOTS THE PRESSURE DISTRIBUTIONS. 

C 

DIMENSION X{50»2),Y(50»2)tLINEITSItlSYIS)»V(5)»H(5) 

DATA IV» ISY/IHI, IHA,IriB,IHC,IHD,IHE/ 
YMINsYMMN 

YMAX«YMMX 

IF((XMIN.EQ.O.O).AND.(XMAX.EQ.O.O)) 

* CALL MAXMIN(X»Y»XMAX,XMIN»YMAX»YMIN»M,N) 

DX»(XMAX-XMIN)/73.0 
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DY=(YMAX-YMIN)/A5«0 

Dl=(XMAX-XMIN)/A.O 

D2=(YMAX-YMIN)/A.O 

DO 1 I=lt5 

V( I)=YMAX-FLOAT(I-1)*D2 

1 H{I)=XMIN+FLOAT(I-1)*D1 
WRITE(6»3) 

3 FORMAT!IHl) 

DO 10 I«lt45 

CALL BLK(LINE) 
IF((UEO.l).OR.(I•E0*12)tOR.(1.EQ.23)^OR* 

* ( UEQ.34)*0R.(I*EU«A5)) GO TO 6 

GO TO 7 

6 CALL HOR(LINE) 

IFLAG»I 

7 DO 2 J=lt73»18 

2 LINE(J)«IV 
DO 4 K=1»N 

DO 4 KK»1»M 

IF(ABS(YMAX-DY/2.0-Y(IC<»K)).LE.ABS!DY/2.0)) 

* CALL PT(X(«»K)»XMIN»DX»LINE»ISY(X)) 

4 CONTINUE 

YV,AX=YMAX-DY 

IF!IFLAG.EQ.O) go TO 5 

8 IF!IFLAG.LT.12) GO TO 9 
iflag=iflag-io 

GO TO 8 

9 WRITE!6.11} V!IFLAG).LINE 
11 F0RMAT!5X»1PE12.4»3X.73A1) 

GO TO 10 

5 WRITE I 6.12) LINE 

12 FORMAT!20X.73A1) 

10 IFLAG=0 

WRITE(6.13) H 

13 FORMAT!/.13X.5!1PE12.4.6X)) 

RETURN 

END 

SUBROUTINE HOR!L) 

C 

C THIS ROUTINE DRAWS HORIZONTAL GRID LINES WHEN 
C PLOTTING. 
C 

INTEGER L!73) 
DATA L2/1H-/ 

DO 1 I-1.73 

1 L!I)«L2 

RETURN 

END 

SUBROUTINE BLK!L) 

99 



 

 

 
 

 

 

 
 

 

c THIS ROUTINE BLANKS OUT A LINE ^'HEN PLOTTING. 
C 

INTEGER L(73J 
DATA L2/1H / 
DO 1 1=1.73 

1 L{I)=L2 

RETURN 

END 

SUBROUTINE PT(X.XMIN.DX.LINE.ISY) 
C 

C THIS ROUTINE PLACES A SYMBOL AT A PARTICULAR POINT 
C V^ITHIN THE PLOT LINE. 
C 

INTEGER LINE(73) 
DO 1 1=1.73 

IF((XMIN+FLOAT{I)*DX),GT.X) GO TO 2 
1 CONTINUE 

RETURN 

2 LlNE{n=ISY 

RETURN 

END 

SUBROUTINE MAXMIN{X.Y.XKAX.XMIN.YMAX.YMIN.M.N) 
C 

C THIS ROUTINE PROVIDES AUTO-SCALING FOR THE 
C PLOTS when necessary, 
C 

DIMENSION X(M.N).Y(M.N) 

XMAX=X(1.1) 

XMIN=XMAX 

YMAX=Y(1.1) 

YMIN=YMAX 

DC 1 1=1.M 

DO 1 J=1.N 

IF(X(I.J),GT.XMAX) XMAX=X(I.J) 
IF{X{I.J),LT.XMIN) XMIN=X(I.J) 
IF(Y(I.J).GT.YMAX) YMAX«Y(I.J) 
IF(Y(I.J).LT.YMIN) YMIN=Y<I.J) 

1 CONTINUE 

RETURN 

END 
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